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1 Introduction

The 2024-2025 Rocket-PropelledWind Tunnel (RPWT) is one of several ongoing
capstone projects within the Carleton University Department of Mechanical and
Aerospace Engineering. The RPWT team is a group of 21 fourth-year students
who apply their engineering education to the design of a rocket engine powered
launch vehicle. The co-leads of the project for this year are Jake Birkness and
Philippe Charapov.

The mission of the RPWT team is to design a supersonic launch vehicle that
incorporates an air-breathing test section [1]. This test section will incorporate
an aerodynamic specimen and acts as a supersonic wind tunnel. The test section
will experience Mach 3.0 flow for approximately 30 seconds, which is far longer
than the test times of current supersonic wind tunnel designs. The launch
vehicle will fly at an altitude of 70,000 ft is a common altitude for supersonic
flight. To ascend to this altitude, the launch vehicle will be mounted to a launch
rail that is tethered to stratospheric balloons.

To divide the design work on the RPWT, four sub-teams were created - Ascent
System Design, Airframe Design, Propulsion & Control Systems Design, and
Test Section Design. Each sub-team has a lead who organizes weekly check-in
meetings and reports key information to Jake and Phil.

Two key design changes were considered this term - use of a plane-body design
and integration of Schlieren imaging. The use of a plane-body was considered
to allow for increased lift and stability of the launch vehicle, particularly during
cruise. Further information on the plane-body airframe and control surfaces can
be found in Sections 3.4, 3.5, and 4.7. The adoption of the plane-body has not
yet been confirmed, but this decision will be made by the end of January 2025.
A Schlieren imaging system was proposed as a novel application of Schlieren
flow visualization within the launch vehicle. The design work on the Schlieren
system will be explained in Sections 5.3 and 5.6. The adoption of a Schlieren
imaging system has been confirmed and will drive the design choices for the rest
of the launch vehicle, particular the size and location of the test section.

The following report outlines the individual contributions of members from each
of the four sub-teams. Each sub-team section will provide background on the
key developments from the term.
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2 Ascent System Design

2.1 Ascent Subteam Introduction

The main goal of the ascent subteam is to develop mechanisms to ensure the
rocket is safely delivered to its desired initial conditions prior to launch using a
stratospheric balloon. The trajectory of the balloon will be critical to determine
the rocket’s position, launch path, and other parameters. A thorough under-
standing of the behavior of the balloon as it ascends in varying atmospheric
conditions will allow for a more thorough planning of the rockets’ trajectory.
To avoid drifting away from the desired rocket flight zone, a system needs to be
developed to control the position of the balloon and payload as it ascends. A
potential solution alters the ascent rate of the balloon to utilize wind currents
at different altitudes.

Improved dynamic modelling of the launch platform was implemented to ac-
count for the torque and sliding motion of the system when thrust and friction
is produced from the rocket against the launch rail. This allows for a greater
understanding of the dynamic motions of the launch system and the rocket.

It is important to control the launch attitude of the rocket about its pitch and
yaw axes such that the flight-path and trajectory of the rocket are restricted to
a desired path. Considerable progress was made this semester altering the pre-
viously designed launch platform and developing mechanisms to actively control
the orientation of the rocket about its pitch and yaw axes.

2.2 Balloon Trajectory - Noah St-Amant

Peer Reviewed by: Doryan Saavedra-Zakikhani

The planning of the balloon trajectory includes many key variables that are
analyzed. These parameters are the balloon’s ascent rate, atmospheric density,
the change in pressure during ascent, the temperature variations, drag forces,
wind patterns, and various other environmental factors. These variables will
largely influence the trajectory of the balloon. Hence, it is required to accurately
predict and control these parameters to ensure that the rocket, or blended body,
is deployed at the correct initial altitude and position.

2.2.1 Initial Balloon Sizing

Although the changing environmental factors are important in determining as-
cent properties of the balloon, the balloon sizing is also important. The selection
of the balloon material, gas composition, shape, and size will also largely influ-
ence the desired goals of the balloon.
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2.2.2 Balloon Material Selection

The selection of the material is important because different materials will pro-
vide different characteristics. The balloon’s mission is to bring the rocket, or
blended body, to an altitude of 70,000 ft, an elevated altitude that will have
challenging environmental conditions. The other difficult challenge with the
mission is the large payload mass. Hence, the selected material will need to
possess high strength and durability, as well as be light in order to not further
increase the total mass.

The material selected for the balloon is polyethylene. It is a widely known
material selected for balloons with similar profiles of high-altitude and heavy-
lift balloons [2]. NASA has used different polyethylene films for missions that
have a payload of up to 5,000 kg, as well as an altitude of up to 30 km [2].
Polyethylene films are capable of having a mass of kilograms per thousand cubic
meters [3]. The Institute of Space and Astronautical Science, and its balloon
group had seen success in a polyethylene film with a mass of 6.8 kg for a balloon
with a volume of 5000 m3 [3].

2.2.3 Balloon Gas Selection

The gas selected for the ascent of the balloon is helium gas. It is widely used
in many balloon applications [4]. Helium is the second-lightest gas, behind
hydrogen. Although hydrogen has better properties for the mission, it is highly
flammable as a very inert gas, which could cause the failure of our mission, if
chosen in place of helium [4].

2.2.4 Balloon Shape

The balloon is currently modeled as a sphere. This is done to simplify the
current progress of the trajectory code. This assumption will have to be undone
with future progress in the design of the balloon.

Figure 1 shows a rendered model of the balloon at its maximum expansion
volume of 16,500 m3.
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Figure 1: Rendered Balloon CAD

2.2.5 Analytical Balloon Model

An analytical model is initially developed to examine the forces acting on the
balloon. The analytical model focuses only on the forces in the vertical direction,
as it serves to determine first estimates of the required balloon properties. This
is crucial to determine initial values and parameters for the balloon trajectory
code, such as the required volume for the balloon, and mass limitations.

The initial analytical model is completed with many assumptions. The loaded
mass for the rocket is 253.80 kg, using the information provided by the 2023-
2024 rocket design team [1]. The launch platform is assumed to have a mass of
90 kg. The mass of the balloon itself is assumed to be 10 kg, as polyethylene
allows for the possibility of being a few kilograms for a volume of 1000 m3 [3].
Hence, the total mass for the analytical model is 353.80 kg. The coefficient of
drag is 0.47, as described in MIT’s fluid dynamics textbook [5].

The volume and velocity of the balloon are difficult to determine, as these values
change drastically during the ascent of the balloon. As this is a first iteration,
the volume of the balloon is assumed to be constant, as we are only trying to
determine the volume at max expansion, which is the volume of the balloon at
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its highest value. The velocity is also assumed to be constant, as balloons follow
a linear trend, and it does not change drastically during flight. The volume of
the balloon is assumed to be 5000 m3 and the ascent speed is assumed to be
3 m/s. By performing the initial analytical model, the chosen volume can be
studied to verify if it is large enough to achieve the desired altitude of 70,000
ft. This entire process can be iterated until the desired altitude is achieved.

Figure 2 shows a free body diagram representing the three primary forces acting
on the balloon while only studying the forces in the vertical direction.

Figure 2: Analytical Balloon Free Body Diagram

The forces shown in Figure 2 are defined as follows:

FB = ρair · VBalloon · g (1)

FW = m · g (2)

FD =
1

2
· Cd ·A · ρair · v2 (3)

FNet = FB − FW − FD (4)
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Where:

• FB: Buoyant force (N)

• FW: Gravitational force (N)

• FD: Drag force (N)

• ρair: Density of air (kg/m3)

• VBalloon: Balloon volume (m3)

• g: Gravitational acceleration,

9.81 m/s2

• m: Total mass of the system (kg)

• Cd: Drag coefficient

• A: Cross-sectional area of the
balloon (m2)

• v: Velocity of the balloon (m/s)

Using the described vertical force balance, which considers the vertical forces
acting on the balloon, the net force is calculated. Based on this analysis, the
balloon reaches a maximum altitude just below the initial goal of 70,000 ft.
To achieve the desired altitude goal, variables will be adjusted in following
iterations, such as an increase in maximum volume.

2.2.6 Balloon Trajectory Code

Analyzing the balloon trajectory is challenging due to constantly changing en-
vironmental conditions. A balloon trajectory code enables the study of the
balloon’s flight path and position while accounting for these variations during
its ascent.

The mission involves launching the rocket to an altitude of 70,000 ft (21,336m).
To achieve this, the trajectory code must consider three atmospheric boundaries,
each with distinct atmospheric profiles, as shown in Table 1.

Layer Altitude Range (m)
Troposphere 0 to 11,000
Tropopause 11,000 to 20,000
Stratosphere 20,000 to 47,000

Table 1: Atmospheric Boundaries and Respective Altitude Ranges [6]

The trajectory code uses an ascent loop to calculate many properties at each
time step. The code operates with a time step of 0.1 seconds, determining the
changing properties within each atmospheric boundary as the balloon ascends.
The pressure and temperature are computed in each boundary as follows:

• Case 1: If Altitude < 11, 000m (Troposphere)

– Temperature:
T = T0 − L ·Altitude (5)
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– Pressure:

P = P0 ·
(
T

T0

) g
Rair·L

(6)

• Case 2: If 11, 000m ≤ Altitude < 20, 000m (Tropopause)

– Temperature:
T = 216.65K (7)

– Pressure:

P = 22650 · exp
(
−g · (Altitude− 11, 000)

Rair · T

)
(8)

• Case 3: If Altitude ≥ 20, 000m (Stratosphere)

– Temperature:

T = 216.65 + 0.003 · (Altitude− 20, 000) (9)

– Pressure:

P = 5474.89 ·
(

T

216.65

)− g
Rair·0.003

(10)

The results from the ascent loop are shown in Figure 3.

Figure 3: Pressure and Temperature Variation with Altitude
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These results are identical to the International Standard Atmosphere [7], as
shown in Figure 4.

Figure 4: International Standard Atmosphere Model

As shown in Figure 4, the data is based on the International Standard Atmo-
sphere [7].

The pressure and temperature at each atmospheric layer are crucial to determine
many of the balloon’s properties, as well as environmental properties affecting
the balloon’s ascent. Two values that are changing throughout the ascent are
the density of the air surrounding the balloon and the density of the helium
inside the balloon.

ρair =
P

Rair · T
(11)

ρhelium =
P

Rhelium · T
(12)

The variables used in the pressure and temperature equations for the three
atmospheric layers, as well as in the densities, are as follows.
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• T : Temperature at the balloon’s
altitude (K).

• P : Pressure at the balloon’s alti-
tude (Pa).

• Altitude: Altitude above sea
level (m).

• T0: Sea-level temperature (K).

• P0: Sea-level pressure (Pa).

• L: Temperature lapse rate in the
troposphere (K/m).

• g: Acceleration due to gravity
(m/s

2
).

• R: Specific gas constant (J/(kg ·
K)).

Figure 5 demonstrates the results obtained for the density and altitude relation-
ship.

Figure 5: Density Variation with Altitude

In the analytical model, the total mass of the system was based on previously
determined information and assumptions. As the team progressed, additional
masses were added and determined. The masses used in the current iteration
of the code are shown in Table 2.
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Component Mass (kg) Source
Rocket Mass 253.80 2023-2024 Team [1]
Balloon (Material) Mass 20.00 Assumption from earlier [3]
Launch Platform Mass 520.00 From Jake [Section 2.4]
Control System Mass 183.70 From Doryan [Section 2.2]
Helium Mass 161.00 Iteration
Total Mass 1138.50 Sum of all masses

Table 2: Breakdown of Balloon System Masses

The process in order to determine the helium mass required to reach the desired
altitude, as well as the expansion of the balloon, is obtained through the use of
the following three equations.

Vmin =
mhelium ·Rhelium · T0

P0
(13)

Vmax =
mhelium ·Rhelium · Taltitude

Paltitude
(14)

mhelium =
Vmax · Paltitude

Rhelium · Taltitude
(15)

Where:

• Paltitude: Pressure at the bal-
loon’s current altitude (Pa)

• Taltitude: Temperature at the bal-
loon’s current altitude (K)

These equations demonstrate that the values are interdependent; hence, they
are obtained through iteration. An initial maximum expansion volume of the
balloon is assumed and the helium mass is determined using Equation (15). The
simulation is then continuously used to determine if the balloon can reach the
desired altitude of 70,000 ft. The process of the iteration can also be done in
reverse order, assuming a helium mass, although it can allow for a maximum
volume size that is infinite and not realistic.

Once the process of iteration is complete, the maximum expansion volume of
the balloon is determined to be 16,499.5m3, and the corresponding helium mass
to be 160.86 kg. The values are rounded up for simplicity of the code, as the
balloon will still be able to ascend for a short period of time while reaching its
maximum expansion volume. The maximum balloon volume is 16,500 m3, and
the helium mass is 161 kg. Using the values obtained, the initial balloon size at
sea level is 950.96 m3, according to Equation (13).
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During ascent, the balloon’s volume will vary between the initial and maximum
volume of the balloon. The balloon must increase in volume to maintain equi-
librium due to the external atmospheric pressure decreasing with altitude. In
order to determine this value, a volume loop is constructed in the code.

The MATLAB code calculates the balloon volume using the ideal gas law. It
then determines the volume of the balloon based on the specific altitude condi-
tions determined in the ascent loop described earlier.

The volume of the balloon:

Vballoon =
mhelium ·Rhelium · Taltitude

Paltitude
(16)

• Case 1: If Vballoon < 950.96m3

– Vballoon = 950.96m3.

– Aballoon = 467.66m2.

• Case 2: If 950.96m3 ≤ Vballoon ≤ 16500m3

– The balloon volume and area are recalculated at each time step, 0.1
seconds.

• Case 3: If Vballoon > 16500m3

– Vballoon = 16500m3.

– A = 3134.3m2.

The results for the balloon volume during ascent, is shown in Figure 6.
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Figure 6: Balloon Volume during Ascent

With the changing atmospheric and balloon properties determined at each time
step, a study of the kinematics of the balloon can be accomplished in the vertical
(z) direction. Similar to the initial analytical approach, the net force acting on
the balloon is computed at each time step in the code, using Equation (4)
(Net Force). This is accomplished using the accompanying equations in that
section: Equation (1) (Buoyancy Force), Equation (2) (Gravitational Force),
and Equation (3) (Drag Force).

The results for each of these forces during ascent can be seen in Figures 7, 8, 9,
and 10.
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Figure 7: Buoyancy Force with Time

Figure 8: Gravitational Force with Time
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Figure 9: Drag Force vs Time

Figure 10: Net Force with Time

As seen in the three figures: Figure 7 (Buoyancy Force), Figure 9 (Drag Force),
and Figure 10 (Net Force) oscillations are present past 12,500 seconds. This
represents the time in the ascent where the balloon has reached its maximum
altitude and will burst without a control system to allow the balloon to slowly
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drift back to sea level. This would pose a significant issue with the heavy payload
after the rocket ignites, although in Section 2.2, Doryan will be discussing his
control system design.

The net force acting on the balloon is crucial in determining the kinematics of
the balloon. The following three equations are used to determine the vertical
velocity, as well as the position of the balloon as it ascends.

a =
FNet

mtotal
(17)

v = vinitial + (a ·∆t) (18)

z = zinitial + (v ·∆t) (19)

Where:

• a: Acceleration (m/s
2
).

• FNet: Net force acting on the bal-
loon (N).

• mtotal: Total mass of the balloon
system (kg).

• v: Velocity of the balloon (m/s).

• vinitial: Initial or previous veloc-
ity of the balloon (m/s).

• z: Current altitude of the bal-
loon (m).

• zinitial: Initial or previous alti-
tude of the object (m).

• ∆t: Time step (s).

The results for the velocity and position of the balloon as it ascends with time
are shown in Figures 11 and 12.
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Figure 11: Balloon Velocity with Time

Figure 12: Balloon Altitude with Time

Similarly, the oscillations begin once the balloon reaches its burst point. As
shown in Figures 11 and 12, the velocity increases rapidly once the ascent begins
and slowly increases for nearly the entire duration of the ascent. The balloon
reaches the desired altitude of 70,000 ft, or 21,336 m, in 12,500 seconds.
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To this point, only the vertical (z-axis) of the balloon is considered. To continue,
the horizontal (x-y axis) must be considered. At this iteration of the trajectory
code, it considers the wind speeds and drag in the horizontal direction.

The wind speeds are found using data from previous days, available from Coper-
nicus Climate Data Store [8]. This is to see how wind speeds would affect the
trajectory of the balloon if launched on a previous day.

In order to simulate and determine the wind speeds on the day of the launch,
a smaller balloon can be sent up prior to the main balloon launch. This would
be a separate, unique design, that may be seen in the later half of the year.

Copernicus Climate Data Store offers the wind speeds based on the pressure at
each altitude [6]. These values are shown in Table 3.

Pressure Level (hPa) Altitude (m)
1000 Sea level (0 m)
925 760 m
850 1,500 m
700 3,000 m
500 5,500 m
400 7,000 m
300 9,000 m
250 10,500 m
200 12,000 m
150 14,000 m
100 16,000 m
70 18,500 m
50 20,000 m
30 23,000 m
20 26,000 m
10 31,000 m

Table 3: Pressure Levels and Associated Altitudes [6]

Due to the mission profile, only the wind speeds up to the altitude of 23,000
m are required. The wind speeds between these values are assumed linear and
interpolated between these values. The pressure at each altitude from the ascent
loop is used to determine the wind speeds.

The wind speed data is collected on two separate days in 2024: October 7 and
November 7. The wind speeds as a function of pressure levels can be seen in
Figures 13 and 14.
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Figure 13: October 7, Wind Speed Data

Figure 14: November 7, Wind Speed Data

Using the wind speed data, the horizontal velocity and position of the balloon
are determined in a process similar to the vertical axis, calculated at each time
step.

32



Fdrag,x = 0.5 · Cd ·A · ρair · v2x (20)

Fdrag,y = 0.5 · Cd ·A · ρair · v2y (21)

The velocity in the horizontal directions are determined by:

vx = vx,initial −
(
Fdrag,x

mtotal

)
·∆t (22)

vy = vy,initial −
(
Fdrag,y

mtotal

)
·∆t (23)

The position in the horizontal directions are determined by:

yposition = yposition + vy ·∆t (24)

xposition = xposition + vx ·∆t (25)

The wind speeds from two different days are used to simulate the ascent of the
balloon: October 7, 2024, and November 7, 2024. The results of the balloon
position during ascent are shown in Figures 15 and 16.

Figure 15: Balloon Ascent on October 7, 2024, with Wind Speeds
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Figure 16: Balloon Ascent on November 7, 2024, with Wind Speeds

The two balloon trajectories are significantly different. As mentioned previously,
the wind speeds are higher in magnitude on November 7, and this is reflected
in the final position of the balloon on that date.

2.2.7 Future Work

In terms of future work, the balloon trajectory code has many assumptions that
need to be removed, in order to provide a more accurate representation of the
balloon ascent. The drag coefficient is currently assumed to be constant, which
is not the case. Although closely familiar, the balloon is also not a sphere,
which it is currently being modeled as, to ease the simplification of the current
iteration of the code. There are also many other assumptions that need to be
removed.

In the following semester, the idea of a second, probe balloon will be proposed.
If approved, the probe balloon would ascend prior to the primary balloon. This
probe balloon would collect data, such as wind speeds on the day of launch,
allowing for a control launch, working closely with Doryan’s work, to control
the ascent of the balloon using wind currents.

2.3 Ascent Control System - Doryan Saavedra-Zakikhani

Peer Reviewed by: Noah St-Amant
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2.3.1 Introduction

As the high altitude balloon ascends, it is subjected to wind forces that change
depending on the time of day and altitude. As a result of these wind forces, the
balloon and payload will usually end up considerably further from the initial
launch site and potentially outside of the permitted flight zone. According to
National Weather Service, weather balloons can drift over 125 miles (201 km)
when ascending to 100,000 ft (30,480 m) due to wind [9].

A simple, yet effective way of controlling the position of the balloon is to ride
the wind currents that vary with altitude. The ascent rate can be adjusted so
the balloon remains at an altitude with favorable wind conditions to push it
back to the initial launch site. This control concept was proposed in a paper by
H. Du et al [10]. By actively controlling the altitude of the balloon, the position
can also be controlled as illustrated in Figure 17. Wind data for the day of
launch will need to be obtained from forecasts and weather stations in order to
determine a suitable flight path for the balloon. A solution for controlling the
ascent rate of the balloon and payload will be presented in this section of the
report.

Figure 17: Balloon and Payload Position Control Concept by Changing Altitude
[10]
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2.3.2 Methods of Controlling Ascent Rate

There are several researched methods of controlling the ascent rate of a high
altitude weather balloon. Each method relies on either increasing the weight of
the system or decreasing the buoyancy force. Increasing the weight of the system
requires adding mass. This can only be achieved at high altitudes by storing the
surrounding air in a pressurized tank. However, adjusting the buoyancy force
requires changing the volume of the balloon or internal gas density as shown by
Archimedes Principle (see Eq 26) [11].

FB = (ρatm − ρHe)VBalloong (26)

Where:

FB : Buoyancy force (N)

ρatm : Atmospheric air density at current altitude (kg/m3)

ρHe : Density of helium at current altitude (kg/m3)

VBalloon : Volume of the balloon (m3)

g : Acceleration due to gravity [9.81 m/s2]

Since helium was chosen as the weather balloon gas, the only method of control-
ling the buoyancy force is to change the volume. A few proposed and researched
methods of controlling the ascent rate of a weather balloon is summarized in
Table 4 along with their advantages and disadvantages.
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Table 4: Methods of Controlling Balloon and Payload Altitude

Method Advantage Disadvantage

Increasing payload
mass by compressing
air [10]

- Simple tank and
compressor system -
No method to adjust
the balloon volume is
needed

- Time to fill tank
increases with altitude
- Large adjustments to
the descent rate can
take between a few
minutes to over an
hour

Increasing payload
mass by compressing
helium from the
balloon

- Compressing helium
from the balloon into a
tank reduces the
balloon volume

- The time to fill a
tank with helium is
extremely long due to
the low density of
helium
- Constantly changing
the volume of the
balloon could cause
significant wear in the
balloon and may burst

Decrease balloon
volume by
mechanically
compressing the
balloon [12]

- Quick method to
change the balloon
volume
- The capability to
change ascent and
descent rate quickly
could allow for a more
accurate trajectory
analysis.

- A large, heavy,
complex system is
needed that can
forcefully reduce the
balloon volume
- Since the mass of
helium does not
change, the internal
balloon pressure will
increase significantly
- Limited range of
altitudes were it is
effective

Discharge helium from
the balloon

- Quickly change the
volume of the balloon
to hover and descend
- Significant reduction
in payload mass due to
simplicity of the design

- Impossible to recover
lost helium, therefore,
this method can only
be used to hover at a
specific altitude or to
descend

Ultimately, the decision was made to design a system that can store and dis-
charge air to control the ascent rate and altitude of the weather balloon and
payload. Although the other options could be effective, they either proved too
complex or provided poor performance. A sketch of the proposed control system
is shown in Figure 18.
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Figure 18: Ascent Control System Draft Concept

Two configurations of storing air in the tank will be explored in this report.
The first is using a gas powered engine to spin an air pump that fills the tank.
The second configuration will use an electric air compressor powered by onboard
batteries.

2.3.3 Ascent Control System Sizing

2.3.3.1 Mass of Air Required

Hovering of the balloon and payload (reduce ascent speed to 0 m/s) can be
achieved by balancing the buoyancy and gravity forces as shown in Eq 27.

FB = Fg (27)

Where:

Fg : Force due to gravity (N)

An important consideration is that a tank filled with air will produce its own
buoyancy force. Therefore the total buoyancy force on the system comprises
the force due to helium and due to air. However, adding air to the tank also
increases the mass of the system. There are two components to the additional
gravity force, air at atmospheric conditions and the excess compressed air. The
first component occurs in the empty condition, with only uncompressed air in
the tank (which has pressure, temperature, and density conditions equal to the
surrounding atmosphere). The second component of the gravity force occurs
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due to the excess compressed air in the tank. Combining the buoyancy and
gravity force considerations yields Eq 28.

FB(He) + FB(air) = mtg +mairatmg +mairexcessg (28)

Where:

FB(He) : Buoyancy force due to helium tank (N)

FB(air) : Buoyancy force due to air tank (N)

mt : Total payload, balloon, and helium mass (kg)

mairatm
: Mass of air in tank at ISA conditions (kg)

mairexcess
: Excess mass of air in tank (kg)

An interesting observation is that the buoyancy force of uncompressed air is
equivalent to its mass. This is shown in Eq 29 and is due to the fact that the
density of the uncompressed air is equivalent to the density of the surrounding
atmosphere. This condition is true at all altitudes.

FB(air) = mairatmg = ρatmVtankg (29)

Where:

Vtank : Volume of air tank (m3)

Due to the observation shown in Eq 29, the Buoyancy force and gravity force
of uncompressed air can be eliminated. We can then rearrange Eq 28 to isolate
the mass of the excess air to give Eq 30.

mairexcess
=
FB(He) −mtg

g
(30)

The excess mass of air required to reduce the descent rate to 0 m/s is given
in Eq 30. This formula will give the mass required for hover at all altitudes.
Since the buoyancy force was found to remain constant at all altitudes, the mass
required to hover is constant at 4.34 kg.

2.3.3.2 Tank Size Analysis

The size of the air tank plays a crucial role in the performance of the altitude
control system. The ability to store more air in the tank allows the weight of
the payload to increase, which increases the descent rate of the balloon. How-
ever, most air pumps have a limit on the maximum tank pressure that they can
operate. For the gas powered configuration, the pump that was chosen for this
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analysis has a tank pressure limit of 155 psi (see Section 2.3.3.3). However, the
electric air compressor has a pressure limit of 200 psi (see Section 2.3.3.3). The
minimum tank size used must be able to store enough excess air mass to allow
the balloon to hover without exceeding the pressure limit.

To start the analysis, the total pressure in the air tank (155 psi or 200 psi)
is equal to the atmospheric air pressure combined with the pressure of the ex-
cess air required to hover as described in Eq 31.

Ptotal = Pairexcess + Pairatm (31)

Where:

Ptotal : Total pressure in air tank (Pa)

Pairexcess
: Pressure due to excess air in the tank (Pa)

Pairatm : Pressure due to air at the current altitude (Pa)

The excess air pressure can be modeled with the ideal gas law as shown in Eq 32.
A simplifying assumption is made that the temperature in the tank is equal to
the temperature of the surrounding atmosphere. This assumption is reasonable
since the balloon and payload system will take a few hours to reach the desired
altitude.

Pairexcess
=
mairexcess

RTatm
Vtank

(32)

Where:

R : Gas constant of air [287 J/(kgK)]

Tatm : Temperature at ISA conditions (K)

Substituting Eq 32 in Eq 31 and isolating for the air tank volume gives Eq 33.

Vtank =
mairexcess

RTatm
Ptotal − Pairatm

(33)

As the atmospheric pressure and temperature changes with altitude, so does
the minimum required air tank volume.

Gas Powered Air Compressor Configuration

The gas powered air compressor and pump can only fill a tank up to 155 psi.
Using this requirement, the minimum required air tank volume at each altitude
is plotted in Figure 19.
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Figure 19: Air Tank Volume Change at Different Altitudes for Gas Powered
Engine Configuration

There are many off the shelf compressed air tanks available on the market. How-
ever, their sizes are standardized. From the figure, it can be seen that at sea
level, the required tank size is 0.37 m3 (97.7 gallons). The nearest suitable tank
size on the market is 120 gallons.

However, a closer analysis of the plot in Figure 19 will reveal that the required
tank size decreases considerably at higher altitudes. Another standardized air
tank size that can be easily purchased is 80 galloon. This is a significant reduc-
tion in tank size which translates to a reduction in weight.

It can be observed that at 6.12 km (20,079 ft), the required tank volume drops
to 0.30 m3 (80 gallons). The major disadvantage with using the smaller tank is
that the balloon will be unable to descend below 6.12 km (20,079 ft). However,
as seen in Noah’s discussion (Section 2.1), the wind speed changes directions at
much greater altitudes. Therefore, it is feasible to utilize the smaller tank size
and set a restriction on the minimum operating altitude of the ascent control
system. It is possible to choose a tank size between 80 and 120 gallons, however,
they are not easily found for purchase and must be custom made. For the cur-
rent iteration of the balloon control system, a tank size of 0.3 m3 (80 gallons)

41



was chosen.

Electric Air Compressor Configuration

Due to the electric air compressor’s capability to operate at a higher pressure of
200 psi, the tank size requirements are significantly reduced. Figure 20 shows
the tank size at all altitudes using the electric air compressor.

Figure 20: Air Tank Volume Change at Different Altitudes for Electric Config-
uration

From Figure 20, it can be seen that the required tank size at sea level is 0.28
m3 (74 gallons). This means that the 80 gallon tank chosen for the gas powered
configuration would work at all altitudes when using the electric air compressor.
When looking at the minimum tank size for an operating altitude of 6.12 km
(20,079 ft), the required tank size is 0.23 m3 (61 gallons). In this case, a lighter
tank may be used to reduce the overall weight of the system. However, for this
configuration, the 80 gallon tank will be used. This will allow for a more equal
comparison between the gas and electric configuration.
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2.3.3.3 Chosen Components

In the performance analysis section of the report (Section 2.3.4). Two methods
of filling the air tank are compared. The first is using a turbocharged gasoline
engine that powers an air pump. The second method uses an electric compres-
sor to power the air pump and fill the tank.

Both methods have advantages and disadvantages. A gas power engine has
a considerably greater power density that batteries. This reduces weight by
eliminating the need for heavy batteries. However, these engines experience
considerably performance losses at high altitudes. This will result in increased
time to fill the air tank. On the other hand, the electric air compressor, which
requires heavy batteries, will be able to operate at all altitudes without a per-
formance drop. Furthermore, it may be possible to use solar panels to reduce
the size of the batteries required.

A suitable compressed air tank is shown in Figure 21. This tank can safely
store air at a pressure of 200 psi [13]. This is fits the requirement for the max-
imum tank pressure that will be experienced during operation. Furthermore,
the tank includes a mounting plate for the compressor system.

Figure 21: 80 Gallon Air Tank With Mounting Plate [13]

The performance analysis of the gas powered system utilizes an Industrial Air
4.7 hp single stage pump capable of a volumetric flow rate of 14 CFM, it is
shown in Figure 22 [14].
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Figure 22: Industrial Air 4.7 hp Single Stage Pump [14]

To power the pump, a Honda GX200 engine capable of producing 5.8 hp was
selected as shown in Figure 23 [15]. A slightly more powerful engine than
required was selected in order to delay the performance drop seen in the pump
due to lower engine performance at higher altitudes [16].

Figure 23: Honda GX200 Engine [15]

For the electric configuration, the air compressor used for the performance anal-
ysis is shown in Figure 24. This compressor was chosen due to its high volumetric
flow rate (8 CFM) and its ability to operate with a 12V battery [17].
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Figure 24: Oasis XDM3000-12 Air Compressor [17]

The chosen air compressor requires 12V and 180 amps of current to operate
at maximum volumetric flow rate. In order to operate for 1 hour, a 180 Ah
battery is needed. An example of a suitable battery is shown in Figure 25. This
battery has a mass of 42.4 kg (93.5 lb) [18]. The number of batteries required
depends on the desired compressor operating time. For example, 10 hours of
operation requires 425 kg (935 lb) worth of batteries. It is a significant increase
when compared to the 10.2 kg (22.5 lb) of gasoline required to power the Honda
GX200 engine for the same amount of time.

Figure 25: IDEALPOWER 12V 180A Battery

A summary of the components and masses are summarized in Table 5. Note
that the electric air compressor configuration weighs over three times as much
as the gas powered configuration.
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Table 5: Mass of Ascent Control System Components

Component Mass
Gas Engine Configuration

Air Tank [13] 119.8 Kg (264.1 lb)
Industrial Air Pump [14] 30.8 kg (67.9 lb)
Honda GX200 Engine [15] 16.1 kg (35.5 lb)

Fuel for Honda Engine (10 hours of operation) 10.2 kg (22.5 lb)
Additional Components Estimate (Sensors, pipes, etc) 6.8 kg (15 lb)

Total 183.7 kg ( 405.0 lb)
Electric Motor Configuration

Air Tank [13] 119.8 Kg (264.1 lb)
Electric Air Compressor System [17] 28.1 kg (62.0 lb)
Batteries (10 hours of operation) [18] 424 kg (935 lb)

Additional Components Estimate (Sensors, pipes, etc) 6.8 kg (15.0 lb)
Total 578.7 kg (1276 lb)

2.3.4 Performance Analysis of Control System

2.3.4.1 Tank Discharge Performance

The time it takes for the tank to discharge all of the excess air allows us to know
the speed at which we can alter the ascent rate of the balloon. Furthermore, the
thrust force felt on the control system due to the air discharge will be analyzed.
The chosen 80 gallon tank contains a drain port with a diameter of 0.01905 m
(0.75 in) [13]. This value will be used for the analysis. The mass of air in the
tank used for this analysis will be 4.34 kg, which is the mass of air required
to hover at a desired altitude. Since the air mass and tank size do not change
between configurations, the results in this section will be the same for the gas
and electric air compressor systems.

For the purpose of this analysis, since the tank pressure is large, compressible
flow will be assumed. To start, the system needs to be analyzed to determine
if the flow will be choked. From Frank White’s Fluid Mechanics textbook, the
flow is chocked if the back pressure is equal to or greater than the critical pres-
sure [19]. Since the outlet does not consist of a diverging nozzle, if the flow is
choked, it will remain at Mach 1 in the pipe. The absence of a diverging nozzle
means that the flow cannot accelerate further. The critical pressure for Mach 1
can be found using the relation shown in Eq 34 [19].

P ∗

Po
= 0.5283 (34)

Where:

P ∗ : Critical Pressure (Pa)
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Po : Stagnation Pressure (Pa)

The flow is chocked when the back pressure is less than or equal to the critical
pressure as described in Eq 35. Note that the critical pressure depends on the
stagnation pressure in the tank. Therefore, as the tank discharges, the critical
pressure decreases and at some point the flow will no longer be choked [19].

ifPb <= P ∗,Ma = 1 (35)

Where:

Pb : Back pressure (Pa)

Ma : Mach number at pipe exit

For choked flow, the formula to calculate the mass flow rate at the throat of a
converging-diverging nozzle is given by Eq 36 [19]. Since there is no diverging
nozzle in the system, this equation will give the mass flow rate at the exit of
the pipe.

ṁ =
0.6847PoAe

(RTo)
1
2

(36)

Where:

ṁ : Mass flow rate (kg/s)

Ae : Exit area (m2)

To : Stagnation temperature (K)

When the exit pressure is greater than the critical pressure, as described in Eq
37, the flow is no longer choked and will be subsonic [19].

ifPb > P ∗,Ma < 1 (37)

However, even for the subsonic case, compressible flow will be assumed. This
results in Eq 38 being used to describe the mass flow rate of air at the pipe exit
[19].

ṁ =
AePo√
RTo

√√√√ 2k

k − 1

(
Pe

Po

) 2
k

[
1−

(
Pe

Po

) k−1
k

]
(38)

Where:

k : Specific heat ratio of air [1.4]
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The only unknown in the above formulas is the tank pressure and temperature
which changes as a function of time. From the ideal gas law form that uses mass
and volume, we can determine the change in pressure as simply the change in
mass. Since the change in mass is equal to the mass flow rate multiplied by a
time step, dt, we can obtain Eq 39.

dPo = −ṁRTo
Vtank

dt (39)

Where:

dPo : Change in stagnation pressure (Pa)

If we assume isentropic conditions, we can use the relation shown in Eq 40 to ob-
tain the new stagnation temperature after a certain amount of air is discharged
from the tank [19].

To = Tinitial

(
Ponew

Po

) k−1
k

(40)

Where:

Tinitial : Initial stagnation temperature in the tank (K)

Ponew : New stagnation pressure in the tank (Pa)

For the analysis, we will assume that the mass of the tank does not change at
small time intervals (0.001 second). The mass of air that discharges from the
tank is given in Eq 41.

∆mair = ṁ∆t (41)

Where:

∆mair : Change in air mass (kg)

∆t : Change in time (s)

At each time interval (0.001 s) the mass of air is reduced by the change in mass
determined in Eq 41. Then Eq 34 - Eq 40 are used to determine the new mass
flow rate. This is repeated until the air in the tank is empty and only the un-
compressed air at the current atmospheric condition is left.

The time to discharge a full tank of air is plotted in figure 26 starting from
sea level up to 21,336 m (70,000 ft). Note that the control system for the gas
powered configuration can only operate starting at 6.12 km (20,079 ft).
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Figure 26: Altitude vs Air Discharge Time

The time to discharge the tank is relatively quick. At sea level, it takes 18.7
seconds for a full discharge while at 21,336 m (70,000 ft) the time increases to
53.2 seconds.

Due to the relatively high speed air discharge from the tank, it may induce a
significant thrust force that could affect the position of the balloon and payload.
To analyze this thrust force, Eq 42 will be used [20]. Note that the velocity at
the exit for choked flow is simply Mach 1.

T = ṁVe +Ae(Pe − Patm) = ṁMa
√
kRTe +Ae(Pe − Pairatm

) (42)

Where:

T : Thrust (N)

Ve : Exit velocity (m/s)

Te : Temperature at pipe exit (K)

Pe : Exit pressure (Pa)

In Eq 42, the exit temperature is needed which is a function of Mach number
as described by Eq 43 [19].
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Te =
To

1 + 0.2Ma2
(43)

Also needed for the thrust equation is the pressure at the pipe exit. This can
be modeled using Eq. 44 [19].

Pe =
Po

(1 + 0.2Ma2)
3.5 (44)

When the flow transitions to subsonic, Eq 45 must be used to determine the
Mach number to be used in Eq 42 , Eq 43 [19], and 44.

Ma =

√√√√5

[(
Po

Pe

) 2
7

− 1

]
(45)

At 21,336 m (70,000 ft) the thrust produced over time is plotted in Figure 27
for both configurations.

Figure 27: Thrust Change Over Time at 21,336 m (70,000 ft)
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When discharging air at 70,000 ft, over 340.8 N of force is produced. This force
gradually reduces to 0 N over a period of 53.2 seconds. The force is significant
and can cause lateral and rotational motion of the launch mechanism depending
where the tank and discharge valve is placed. This force could potentially be
used to strategically maneuver the balloon and payload system. Especially since
the tank can be pressurized multiple times to increase maneuverability.

2.3.4.2 Tank Filling Performance

The time to fill the air tank to the required mass in order to hover is an im-
portant performance parameter. If the time to fill the tank is long, then more
power is required (gas or battery) and a longer wait time will be necessary be-
fore launching the rocket.

For the gasoline engine, the power produced decreases significantly with in-
creased altitude due to the air density reduction [16]. It is possible to tur-
bocharge the engine to allow the power produced to remain constant up to
the critical altitude. While no design has been done on a turbocharger for the
Honda GX200 engine, the Gudmundsson textbook reports that it is possible for
some turbochargers to operate up to 7620 m (25,000 ft) [16]. Therefore, for the
purpose of the performance analysis, the critical height of 7620 m (25,000 ft)
will be assumed.

After the critical height is reached, the reduction in engine power can be deter-
mined using the Gagg-Ferrar Model as decribed by Gudmundsson and shown
in Eq 46 [16].

P = PSL(1.132(1− 0.0000068756(h− hcrit))
4.2561 − 0.132 (46)

Where:

P : Engine power at altitude (hp)

PSL : Engine power at sea level (hp)

h : altitude (ft)

hcrit : Critical altitude of the turbocharger (ft)

Furthermore, the volumetric flow rate of the pump is linearly related to the
engine power. [21] Therefore, as the engine power decreases with altitude, so
does the volumetric flow rate delivered by the air compressor. This can be
modeled with Eq 47. Where the constant value is the volumetric flow rate (in
m3/s) per horsepower.

Q̇ ≈ 0.0014 ∗ P (47)

Where:
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Q̇ : Volumetric flow rate of air (m3/s)

It should be noted that Eq 47 does not apply for the electric air compressor
since the performance does not depend on altitude.

We can then obtain the mass flow rate of air through the pump at each al-
titude with Eq 48.

ṁair = ρatmQ̇ (48)

Where:

ṁair : Mass flow rate of air (kg/s)

After determining the mass flow rate, the time to fill the air tank with the
required mass to hover can be found using Eq 49. Note that this assumes that
we are filling the tank at constant altitude which results in a constant mass flow
rate.

tfill = mairexcess
/ṁair (49)

Where:

tfill : Time to fill tank (s)

The time to fill at all altitudes beginning at the minimum operating altitude of
6.12 km (20,079 ft) is shown for the gas engine configuration in Figure 28.
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Figure 28: Air Tank Fill Time For Gas Powered Engine Configuration

The gas powered air compressor can fill the air tank in just 16.8 minutes at
the minimum operating altitude. However, due to the large decrease in engine
performance at high altitudes, the fill time increase significantly. At 21,336 m
(70,000 ft), the time to fill the air tank is 380 minutes (6.3 hours).

For the electric compressor configuration, the tank can be filled at all altitudes.
The time to fill the tank is shown in Figure 29. Note that with the electric air
compressor, the volumetric flow rate does not change with altitude.
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Figure 29: Air Tank Fill Time For Electric Configuration

At sea level, the time to fill the tank with the electric air compressor is 15.6
minutes. At the target altitude of 21,336 m (70,000 ft) the fill time increases to
269 minutes (4.5 hours).

Although the electric air compressor fills the tank faster at higher altitudes
compared to the gas configuration, the time is still several hours long. One
potential solution to mitigate this problem is to compress air as the balloon
is rising to 70,000 ft. This would allow the tank to slowly fill and potentially
contain the mass required to hover exactly at 70,000 ft.

2.3.5 Conclusion

From the preliminary analysis, controlling the balloon and payload position is
feasible using an altitude control system. By adjusting the mass of air in a
tank, the weight of the launch system can be changed resulting in control of the
ascent/descent rate. Two methods of filling the tank were considered. The gas
powered air compressor weighs significantly less than the electric configuration
but takes significantly longer to fill the tank at high altitudes. The benefits of
the electric air compressor is that it allows the control system to operate at all
altitudes and fills the air tank quicker. However, there is a significant thrust
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produced when the air is discharged. This may be leveraged in future designs
for position and/or yaw control of the launch platform.

2.3.6 Future Work

Further work is required on integrating all the required components to the launch
platform. It is also worth analyzing the feasibility of using solar panels to charge
the batteries that power the electric air compressor. There are other systems
on the rocket and launch mechanism that will require power, meaning solar
panels may reduce the weight of batteries required. By examining how the
ascent control system will be attached to the launch platform, a final decision
can be made on the configuration to use (gas or electric). Analysis should be
done on methods of utilizing the thrust produced by discharging air in order
to control the launch mechanism. This could include adding a diverging nozzle
to further increase the thrust produced. Furthermore, a computer system and
electrical system that can control each component also needs to be developed.
For the analysis of the electric system, the battery performance reduction due
to decreased temperatures is ignored. Therefore, if this method is chosen, a
battery heating system will need to be developed.
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2.4 Dynamic Analysis of Launch System - Chaanasya Gowda

Peer Reviewed by: Sebastien Grondin

2.4.1 Launch Dynamics Introduction

The objective of this section is to address and obtain equations, along with so-
lutions for the launching dynamics of the rocket using a weather balloon. The
launch mechanism consists of a weather balloon, tethered at 4 points to the
launch platform. The launch platform has the purpose of providing movability
to set a specific launch angle. The platform is connected to the launch rail,
where the rocket is held onto by lugs in the front and back for stable gliding
across the rail.

The first task in performing a launch dynamic analysis on this system is to
obtain the deflection angle from which the rocket departs the launch rail. This
is done in order to determine how severe the deflection angle might result into,
and if it is possible to be countered. This section will cover the approach to a
more true representation of the free-body diagram of the launch mechanism, the
mathematical theory, and the attempt performed to obtain differential equations
representing the dynamic motion.

Figure 30: Launch platform, launch rail, and rocket design [22]

2.4.2 Free Body Diagram Comparison

In last year’s report document, a free-body diagram was constructed with the
assumptions that the rail and platform are a rigid solid piece. This assumption
eliminates important dynamic motions that would have been produced as a re-
sult of the rockets’ travel along the launch rail, and provides a simple free-body
diagram as showcased in Figure 31. When thrust is applied by the rocket, it
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moves along the launch rail, going against the friction produced by the rail and
lugs on the rocket. When the rocket departs the rail, the thrust produces rota-
tional movement (torque) from the center of mass of the entire system (including
the balloon, launch platform and launch rail). This causes the rocket to leave
at a deflected angle. Additionally, this dynamic model requires the calculation
of the sliding motion of the rocket within the launch rail resulting from the
applied thrust. This results in a more complicated dynamic analysis. The first
goal in performing this dynamic analysis is to calculate the rocket’s deflection
angle, presenting a free-body diagram dedicated to finding that angle, as seen
in Figure 32.

Figure 31: Last year’s FBD for dynamic analysis [22]

The assumptions made while creating the free-body diagram were built upon
from last year’s report. However, the assumption of the launch platform being
perfectly rigid and stable during the launching phase no longer applies in the
new free-body diagram.

The assumptions for the new free-body diagram showcased in Figure 32 are
as follows [22]:

• The thrust produced by the rocket is instantaneous and remains constant
during the launch

• The thrust produced by the rocket is greater than the friction created by
the guide rail against the rocket

• Ignoring air resistance and wind effects during the ascent phase

• ”L” represents the length of the lever arm between the center of mass of
the platform, rail, and balloon to the line of action (thrust)
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• Link ”L” is rigidly connected to the slider

• The 4 tethers that are connected to the platform and balloon act as a part
of the rigid link

• Gravity at 70,000 ft is 9.81m/s2 (−0.006m/s2 difference in gravitational
acceleration is neglected)

Figure 32: FBD to find the deflection angle (modified) [23]

Where:

• L: is defined as the length of the lever arm between the combined center
of mass (balloon, platform and launch rail) and the thrust’s line of action

• M: is defined as the combined mass of the balloon, platform, and launch
rail

• m: is defined as the mass of the rocket

• g: is defined as gravity

• F: is defined as the thrust force
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• FN : is defined as the normal force of the rocket

• Ff : is defined as the coefficient of friction along the launch rail

• FB : is defined as the bouyancy force

• θ: identifies as the angle of deflection of the rocket

• x: identifies as the distance travelled by the rocket across the launch rail

To clarify the direction of FN , the rocket is held onto by lugs from the launch
rail, therefore indicating that there is an upward force preventing the rocket
from free-falling. This upward force would be defined as the normal force, FN .

2.4.3 Theory and Analytical Solution

Newtonian Mechanics

Upon analyzing the free body diagram presented in Figure 32 it becomes evi-
dent that attempting a Newtonian method of solution would be difficult. This is
due to the nature of solutions that are required by Newtonian mechanics. Using
this method would require force calculations acting on the pendulum, specifically
the gravitational force, and tension. Additionally, the thrust and gravitational
forces acting on the slider mass (represented as the rocket) and the slider rod’s
(represented as the launch rail) gravitational force would have to be considered.
Taking into account all these different force applications, further calculations
and relations would have to be performed in order to understand how the forces
would be applied to the pendulum and the slider, and slider rod simultaneously.

Lagrangian Mechanics

In order to solve the free-body diagram presented in Figure 32 above, the use of
Lagrangian Mechanics would be beneficial. Lagrangian Mechanics works with
the application of a generalized coordinate system. This allows dynamic mo-
tions to be defined through kinetic and potential energies only. In this system,
the kinetic energy would include the dynamic motion of the pendulum and
slider simultaneously, while the potential energy would account for the gravita-
tional energy produced by the pendulum, slider and slider rod. An important
fundamental principle to acknowledge concerning Lagrangian mechanics is the
principle of stationary action (or Hamilton’s principle), which states that the
particle always follows the path of least energy consumption [24]. The basic
Lagrangian equation is the defined as the difference between the kinetic and
potential energies, as stated in Equation 51.
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Force Application and the Rayleigh Dissipation Function

An important point to note is that Lagrangian Mechanics does not directly
account for forces, it only focuses on the kinetic and potentional energy of a
system. Acknowledging that in this system, there is an external force (thrust)
being applied on the rocket, a buoyancy force and a friction force being pro-
duced against the launch rail and rocket. However, it should be emphasized that
the friction force in particular is a non-conservative force that dissipates energy.
Non-conservative forces that dissipate energy cannot be directly applied into
a Lagrangian equation, but rather be applied through the use of the Rayleigh
dissipation function.

The Rayleigh dissipation function, shown in Equation 50 represents how the
friction would be applied to fit the dynamic motion equations. Variable “s” is
expressed as the damping coefficient. Acknowledging that the damping coeffi-
cient is not currently known, the friction force will be treated as a non-dissipative
non-conservative force. This will be demonstrated in the solution below. Thrust
and buoyancy force on the other hand increases the energy within a system, and
does not dissipate, and can therefore be implemented as is after obtaining the
Lagrangian equations. Considering that the friction would be treated the same
as the thrust and bouyancy force, the friction force would also be added as is.
The solution to the free-body diagram represented in Figure 32 is given below.

The Rayleigh Dissipation Function:

Fdiss +
1

2
sẋ2 (50)

The Lagrange Equation:

L = KE − PE (51)

With the guidance of a Harvard solution (modified), equations for positions of
the masses and their speeds can be obtained [23]:

(x, y)M = (L sin θ − L cos θ)

Their velocities are defined as the derivative of x with respect to time:

(x, y)m = (L sin θ + x cos θ,−L cos θ + x sin θ)
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v2M = L2 · θ̇2

v2M = v2M,x + v2M,y

v2M,x =
dx

dt
((L sin θ)2 = Lθ̇ sin θ

v2M,y =
dy

dt
((−L cos θ)2 = −Lθ̇ cos θ

v2M = (Lθ̇ sin θ)2 + (−Lθ̇ cos θ)2 = L2 · θ̇2

v2m = v2m,x

v2m,x =
dx

dt
((L sin θ + x cos θ)2 = Lθ̇ sin θ + ẋθ̇ cos θ

v2m = (Lθ̇ sin θ + ẋθ̇ cos θ)2 =
(
Lθ̇ + ẋ

)2
+ x2θ̇2

Solving for kinetic and potential energy:

KE =
1

2
mv2, PE = mgh

KE =
1

2
ML2θ̇2 +

1

2
m((Lθ̇ + ẋ)2 + x2θ̇2)

PE =MgL cos θ +mg(−L cos θ + x sin θ)

This produces the Lagrangian Equation:

Llag =
1

2
ML2θ̇2+

1

2
m

((
Lθ̇ + ẋ

)2
+ x2θ̇2

)
+MgL cos θ+mg (L cos θ − x sin θ)

(52)

Applying thrust, friction and buoyancy forces into the equation and solving for
the Euler-Lagrange equations:
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Qx = F − cẋ

Qy = FB

d

dt

(
∂L

∂ẋ

)
− ∂L

∂x
= Qx

d

dt

(
∂L

∂θ̇

)
− ∂L

∂θ
= Qy

After applying the Euler-Lagrange equations, the final 2 dynamic motion
equations are obtained:

ẍ =
F

m
− Lθ̈ + xθ̇2 − g sin θ − c

m
ẋ (53)

θ̈ =
LF − 2mxẋθ̇ −mLxθ̇2 −mLg sin θ − Lcẋ− (M +m)gL sin θ −mgx cos θ + FBL sin θ

(M +m)L2 +mx2

(54)

The constant values and variable definitions can be summarized as followed:

Variables:

• x: Horizontal displacement of the slider [m]

• ẋ: Velocity of the slider in the horizontal direction [m/s]

• ẍ: Acceleration of the slider in the horizontal direction [m/s2]

• θ: Angle of pendulum measured from vertical [rad]

• θ̇: Angular velocity of the pendulum [rad/s]

• θ̈: Angular acceleration of the pendulum [rad/s2]

Constants:

• L: length of the lever arm between the combined center of mass (balloon,
platform and launch rail) and the thrust’s line of action [2.59m]

• M: Combined mass of the balloon, platform, and launch rail [634.2kg]

• m: Mass of the rocket [164.53kg]

• g: Gravity [9.81m/s2]
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• c: Coefficient of friction along the launch rail [0.2] [1]

• F: Thrust force acting on m in the slider direction [10653N ]

• FB : Buoyancy force acting on M [11428N ] (Provided by Noah)

2.4.4 MATLAB - Simulink Solutions

From Equations 53 and 54 derived from the Lagrange, SimuLink was used and
a model was created to express the two equations. Based off this model and
the constant values provided above, the simulation was performed against mul-
tiple initial launch angles from the horizontal. Figure 33 portrays the Simulink
diagram resulting from Equations 53 and 54.

Figure 33: Simulink Diagram from Equations 53 and 54

Through this solution, various initial launch angles were inputted into Simulink
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and was executed to obtain various deflection angles that would result from the
thrust, friction, gravitational, and buoyancy forces. Figure 34 below provides the
scope output of an initial launch angle of 0◦ from the horizontal. Additionally,
Figure 35 presents various initial launch angles that are plotted against resultant
angles (when the rocket departs).

Figure 34: Resultant angle (rocket leaving launch rail) from a 0◦ initial angle
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Figure 35: Resultant angle (rocket leaving launch rail) from initial launch angles
of 0◦, 15◦, 30◦, and 45◦

.

2.4.5 Future Work

The Next Step:
The next step to obtain a more accurate dynamic representation of the ro-
tation of the launch system is to incorporate the Rayleigh Dissipation Func-
tion for friction into the analysis. Currently, the friction force is applied as
a non-conservative non-dissipative force, and should be replaced to ensure the
accountability of dissipative energy within the system. This requires obtaining
a damping coefficient which will be the main goal for next term.

Countering the Deflection:
In terms of the deflection of the launch system, from Figure 35, it can be noticed
that the launch rail deflection angle is significant. To prevent this deflection,
there are a few ways to counteract it. The first solution would be to have a
counter plate that the thrust of the rocket would push off on. This would apply
a force onto the rail pushing it backwards as the rocket leaves the rail. This
would potentially reduce the deflection angle produced by the thrust and fric-
tion produced by the rocket against the launch rail. However, analysis is yet to
be done to asses the extent of its impact in reducing the deflection.

The second, more straightforward solution would be to start at a lower an-
gle, so that the rocket can reach the desired launch angle by the time it leaves
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the launch rail. However, due to the simplifications and assumptions made for
this analysis, it would be difficult to accurately estimate the starting launch an-
gle to obtain the final departure angle of the rocket leaving the launch rail. This
solution however would be simple as it would not require additional materials
implemented onto a heavy launch system design. In the future, more analysis,
research and calculations can be perform to figure out the most feasible and
efficient solution.

2.5 Launch Platform Structure - Jake Birkness

Peer Reviewed by: Tristan Osena

The focus of this report will be on the structure of the launch platform and
launch rail. A discussion of the design of the launch platform and launch rail
will be provided, as well as a strength analysis of certain launch platform com-
ponents.

2.5.1 Introduction to Launch Platform Structure and Analysis

The launch platform refers to the assembly that mounts to the launch rail and is
tethered to the ascent balloon with swivel hoists. The launch platform is shown
in an isolated view and mounted to the launch rail in Figure 36 (A) and (B)
respectively.

Figure 36: Launch Platform Isolated (A) and Mounted to Launch Rail (B)

The key component names that will be mentioned in this report are outlined in
Figure 37 below. Please refer to Figure 37 if there is any uncertainty about the
component being discussed for the remainder of this report.
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Figure 37: Labelled Components of Launch Platform

This report will first explain a significant design change that was made to the
launch platform, which involved the removal of the deployment mechanism in
favor of fixed mounting at the desired launch angle.

The first analysis done on the launch platform is a tensile stress analysis of the
‘C’ fixture. Next, an analysis of buckling in the frame of the launch platform
will be discussed, involving both analytical and simulation models.

Finally, this report will discuss the addition of mounting holes and bolts to the
launch rail to allow for the assembly of cross-beams and endplates. The strength
of these fixtures will not be analyzed, but this will be investigated in the future.

2.5.1.1 Summary of Midterm Report Conclusions

The midterm report focused on the strength of two components, the swivel
hoists and the rail guides. The swivel hoists are shown in Figure 37 above, and
the rail guides are shown in Figure 38 below.
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Figure 38: Front and Back Rail Guides on Rocket

The shear strength of the swivel hoists was analyzed under tension from the
balloon tethers and complete launch assembly. This was done because the dis-
tributor of the swivel hoists did not provide justification for the weight limit of
the hoists. Though the swivel hoist material and shear strength was difficult
to accurately obtain, a relatively low shear strength of steel was assumed. This
low strength was sufficient for the current tensile load expected in each swivel
hoist. The distributor provided a weight limit of 1050 lbs (476 kg) [25], and
the shear strength analysis provided a weight limit of approximately 1670 lbs
(757 kg). The discrepancy is likely due to a different failure method of the
swivel hoists driving the distributor’s weight limit, as well as sources of error
due to simplifying assumptions in the analytical model (e.g., perfect material
microstructure).

The strength of the rail guides was only considered in tension for the midterm
report. This was because the initial configuration had the rocket and launch rail
stowed along the horizontal during the ascent phase. However, since the rocket
will be stowed in an angled configuration with the new fixed launch platform,
shear stress will need to be taken into account. The strength of the rear rail
guides will likely depend on the strength of the fixtures used to mount the rail
guides to the body of the rocket. Currently, they are welded to the rocket frame.
Once the rocket frame has been updated for this year’s design, the strength of
the weld or modified fixture will be investigated.
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2.5.2 Fixed Launch Platform

The main design change that was implemented this term is the removal of the
deployment mechanism used to lower the launch rail from a horizontal, stowed
position to an angled position that is ready for launch. This mechanism was
replaced with a fixed structure that holds the rocket at the desired launch angle.
This section will first discuss three reasons for the design change. Then, the new
design will be explained and the important components that were modified or
added will be discussed. Finally, the implementation of launch angle control
will be discussed in connection with the work done by Tristan Osena in Section
2.5 of this report.

2.5.2.1 Reasons for Fixed Launch Platform

Justification for Previous Year’s Design

To investigate the need for the deployment mechanism, the justification used for
the mechanism from the previous year’s report was obtained. One justification
provided was that, “the folding structure allows the launch platform to take up
less space when compared to a fixed structure.” [1]. While this may simplify the
process of assembling the launch assembly to the balloon, it would not change
the effect of gust loads, as the surface area of the launch assembly is the same.

Another justification used in the previous year’s report was that, “for a fixed
structure, the launch rail would have to be held up at the launch angle by an
external structure to allow for the launch platform to remain parallel to the
ground.” [1]. While it is difficult to understand the specific reason of how this
conclusion was determined, one possible reason is due to concern over the loca-
tion of the center of gravity of the combined launch rail and rocket. If the center
of gravity is offset from the center of the launch platform, as shown in Figure
39, the launch platform would want to rotate to align the center of gravity with
the center of the launch platform, so that the weight is distributed equally onto
the four balloon tethers.

This behaviour could possibly be prevented by ensuring equal lengths of the bal-
loon tethers, which would deliver a large amount of tension to each of the swivel
hoists on the launch platform and prevent any pitch rotation of the launch plat-
form. Regardless, the center of gravity should still be aligned with the center of
the launch platform during ascent to attempt to keep the tension in each tether
relatively equivalent. However, this can simply be accomplished by shifting the
location where the launch platform is mounted to the launch rail based on the
location of the center of gravity of the combined launch rail and rocket. This
shift is shown in Figure 39 below. The center of gravity of the combined launch
rail and rocket was not considered in the launch assembly design for this term,
but it will be considered once the mass distribution of the rocket is updated.
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Figure 39: Shift of Launch Platform Position and CoG Alignment

Complexity of Manufacturing and Assembly

One of the clear benefits of using a fixed launch platform is the reduction of
manufacturing and assembly complexity. The previous year’s deployment mech-
anism used 30 bearings, which each required bored holes with precise tolerances
to allow a tight fit. The new fixed launch platform uses only 8 bearings, which
are kept to allow the future addition of the pitch control mechanism designed
by Tristan Osena. This will be discussed further in Section 2.4.2.2. While the
fixed platform does involve more bolts and support plates (gussets), the holes
required and installation process for these fixtures is simpler than the installa-
tion of the bearings.

Another simplification that the fixed launch platform allows for is the removal
of the pins and hooks used to keep the launch rail in the stowed, horizontal po-
sition. There is currently no mechanism for actually removing the pins, which
would need to be designed and added to the platform. It is important to con-
sider that if the release of a single pin fails, then the rocket would have to be
launched without an initial angle, which could cause significant issues in the
trajectory control of the rocket. The fixed launch platform does not involve any
mechanisms for an initial launch angle to be achieved.

Increased Load of Deployment Impulse

One of the major design concerns of the previous year’s deployment mecha-
nism was the shock load caused by the sudden deceleration of the falling launch
rail and rocket. It is difficult to estimate the precise impulse load caused by
the lockout of the deployment mechanism. However, to demonstrate that there
would be a considerably large impulse loaded on the launch platform, a simpli-
fied model was developed. This model only considers a deceleration and impulse
in the vertical direction.

The first step is to estimate the velocity of the combined launch rail and rocket
when the mechanism reaches its maximum length. To do so, it is assumed that
the center of gravity would be in the center of the launch platform. The vertical
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distance travelled by this point can be measured by finding the distance between
the launch platform and the launch rail in both the horizontal and angled con-
figurations. These measurements were found to be 177.8 mm and 1021.6 mm
respectively, as shown in Figures 40 and 41 below. Please note that the rocket
body appears to be in the center of the launch platform, but this would not be
the case if the launch platform is mounted to the rail along the center of gravity
of the assembled launch rail and rocket. This is because the launch rail is much
heavier than the rocket.

Figure 40: Stowed Distance Between Launch Platform and Rail

Figure 41: Deployed Distance Between Launch Platform and Rail
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From the measured distances, the launch rail can be estimated to travel 843.8
mm, or 0.8439 m. The vertical velocity of the launch rail can be calculated
using the kinematic equation shown in Equation 55 below. The launch rail is
assumed to accelerate at 9.81 m/s2, and the resultant velocity is estimated to
be 4.07 m/s.

vz =
√
2 ∗ az ∗∆z =

√
2 ∗ (9.81 m/s2) ∗ (0.8438 m) = 4.07 m/s (55)

Next, the impulse delivered to the launch platform by the sudden deceleration of
the launch rail can be estimated using the impulse-momentum theorem, which
is shown in Equation 56 below [26]. The impulse was estimated to be 2702
kg ∗m/s.

Jz = m∆vz = (664 kg) ∗ (4.07 m/s) = 2702 kg ∗m/s (56)

Using this impulse, the average force can be estimated. This calculation is dif-
ficult because the actual duration of the deceleration is unknown. However, for
the purpose of demonstrating that the impulse-load would introduce significant
design concerns, the duration of the deceleration is assumed to be 0.1 s. This
is assumed based on the lack of damping in the deployment mechanism, which
would cause a very rapid lockout of the mechanism. The average force caused
by the estimated impulse with a duration of 0.1 s is estimated to be 27 kN , as
shown in Equation 57 below.

Fave =
2702 kg ∗m/s

0.1 s
= 27020 N ∼= 27kN (57)

While this average force cannot be used to inform structural design because of
the simplifying assumptions made, it is roughly four times the static load on the
launch platform from the combined weight of the launch rail and rocket. This
means that to achieve the same factor of safety for the strength of the launch
platform, the beams, support plates, and fixtures would have to be increased
in size or number. Another option would be to introduce damping into the de-
ployment mechanism by having part of the mechanism surrounded by a viscous
fluid. This would result in substantial complexity of assembly. The thermal
considerations of the fluid would also have to be considered.

Summary of Reasons for Fixed Launch Platform

In conclusion, the deployment mechanism of the launch platform has been re-
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placed with a fixed launch platform that is mounted to the launch rail at the
desired launch angle. This was done because of limited justification provided
for the need of the mechanism, because of the reduced design complexity of
the fixed platform, and because of the elimination of the impulse caused by the
sudden deceleration of the launch rail.

2.5.2.2 Preliminary Fixed Launch Platform Design

The changes to the design of the launch platform are primarily to the rear arms
of the launch platform, as shown in Figure 37. The coupled arms used in the
previous year’s design were replaced with single rigid arms that are fixed to the
launch platform frame at the top and to the launch rail at the bottom. The
preliminary fixed launch platform holds the launch rail at an angle of 30 degrees,
which is the angle used in the dynamic launch analysis performed by Chaanasya
Gowda in Section 2.3. This can easily be adjusted by changing the length of
the rear arms.

The rear arms are cut at 30 degrees on one end to allow clearance when mount-
ing to the launch frame. A chamfer was added to the cut end to remove the
sharp edge, as this could become dangerous for the person doing the launch
platform assembly. The chamfered edge of a single rear arm is shown in Figure
42 below.

Figure 42: Chamfered Edge of Cut Surface on Rear Arm

The arms were previously mounted to the launch rail using a rigid connector bar.
This connector bar was replaced with four T-gussets, in the same configuration
used for the front arms in the previous design. As discussed in Section 2.4.2.1,
the location where the gussets are bolted to the launch rail can be adjusted to
keep the center of gravity of the combined launch rail and rocket at the center
of the launch platform frame during ascent. The mounting of the front and rear
launch platform arms to the launch rail is shown in Figure 43 below. Though
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they are not shown, the gussets are mounted using 1/4” bolts and locknuts.

Figure 43: T-Gussets Used for Mounting Launch Rail to Launch Platform

The rear arms were previously mounted to the launch platform frame using
pinned bearings on each side. These bearings have been replaced with a ‘C’-
shaped fixture to which the rear arms are bolted, as shown in Figure 44. Six
bolts on each arm were used to mount the arms to the ‘C’ fixture. This number
is the same as the fixtures used in the mounting to the launch rail. However,
the number of bolts used may be refined based on future strength analysis. A
chamfered edge was added to the ‘C’ Fixture to remove the sharp edge and
make the assembly process safer.
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Figure 44: ‘C’ Fixture Used for Mounting Rear Arms to Launch Platform Frame

It is unlikely that the stainless steel bolts will experience shear failure. Instead,
the bolts would likely tear through the weaker and thinner aluminum. To pre-
vent bolt tear, the recommendations for bolt hole locations and spacing from
AISC were followed [27]. The key recommendation followed is for the hole loca-
tions to be at minimum 1.5x the hole diameter from any adjacent edges. Since
the holes used are 1/4” diameter, the bolt holes in the rear arms and ‘C’ fixture
are located 3/8” from the nearest edges.

To increase the distribution of the compressive stress imposed on the aluminum
rear arms by the bolts and locknuts, a support plate is used on either side, in a
similar method to the sets of T-gussets used to fix the arms to the launch rail.

The ‘C’ shape allows the load of the combined launch rail and rocket to be
distributed on the launch platform frame. The ‘C’ fixture is currently fixed to
the launch platform frame using four bolts on each side. These bolts provide
support in the horizontal directions, while the launch platform frame bears the
vertical load. The load on the frame is considered in Section 2.4.4 of this report
to ensure the hollow frame beams will not buckle under compression.

While the ‘C’ fixture is currently rigidly mounted to the launch platform frame,
this can be changed to allow for a small amount of launch angle, or pitch angle,
control. This will be accomplished by replacing the rear arms with the actu-
ator mechanism being designed by Tristan Osena, as discussed in Section 2.5.
Due to this future design change, the front arms were left with bearings in the
same configuration as the previous design to allow for angular movement of the
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launch rail.

2.5.3 Tensile Analysis of ‘C’ Fixture

For this analysis, and all future analyses in this report, the combined mass of
the launch rail and rocket is estimated to be 664 kg. This is based off of the
previous year’s launch rail and wet rocket masses. The load is estimated to be
1630 N , which is approximately 1/4 of the combined weight of the launch rail
and rocket. This assumes that the weight is evenly distributed on each of the
four launch platform arms. This assumption may not be accurate as the center
of gravity shifts after engine ignition, or even based on the static load distri-
bution during ascent. However, if a large enough factor of safety is obtained,
this would allow the conclusion that the failure mode being investigated will not
occur.

A portion of the combined weight of the launch rail and rocket is loaded in
tension onto the sides of the ‘C’ fixture, as shown in the free body diagram in
Figure 45 below.

Figure 45: Tensile Loads on ‘C’ Fixture

To ensure that the width of the thin sides of the ‘C’ fixture is sufficient to bear
the tensile stress of the launch assembly weight, an analytical stress analysis was
conducted. The load is assumed to pass perpendicularly to the cross section.

The tensile stress can be calculated based on the area of the cross-section and
the load specified. The tensile stress in this thin section was estimated to be
3.37 MPa, as shown in Equation 58 below.
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σ =
Ftension

Across section
=

1630 N

(76.2 mm) ∗ (6.35 mm)
= 3.37 MPa (58)

This tensile stress provides a factor of safety of 82, based on a yield strength of
Aluminum 6061 of 276 MPa [28]. This factor of safety is substantial, and it can
be concluded that the thin sections of the ‘C’ fixture will not experience tensile
failure.

2.5.4 Buckling Analysis of Launch Platform Frame

The ‘C’ fixture imposes a compressive load on the launch platform frame, as
shown in the free body diagram in Figure 46 below.

Figure 46: Compressive Loads on Launch Platform Frame

Due to the compressive load, a buckling failure of the thin walls of the aluminum
frame becomes a concern. A buckling analysis was conducted to determine the
factor of safety of the frame under the static load of the combined weight of the
launch rail and rocket.

2.5.4.1 Analytical Model of Launch Platform Frame Buckling

An analytical buckling model was conducted by assuming that the thin walls
of the frame are simply-supported plates. The simply-supported plate model is
shown in Figure 47 below.
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Figure 47: Simply-Supported Plate Under Compression [29]

This model ignores the support provided by sections of the frame that are not
directly loaded by the ‘C’ fixture, but provides a method of estimating the load
under which the walls will buckle. The parameters shown in Figure 47 above,
as well as the material properties of the frame are the following:

• a = 69.85 mm

• b = 87.99 mm

• N = 814 N

• thickness (t) = 3.175 mm

• v = 0.33

• E = 68.9 GPa

The critical force per meter that will cause the walls to buckle can be calculated
using the formula shown in Equation 59 below [29].

Nc = kc
π2D

b2
(59)

The ‘D’ term in Equation 59 is the flexural rigidity of the simply-supported
plate. The flexural rigidity can be calculated based on the elastic modulus and
moment of inertia, as shown in Equation 60 below. This formula is based on
the moment of inertia of a rectangular cross-section. The flexural rigidity of the
frame is estimated to be 20.36 N ∗m2.

D =
E

(1− v2)
∗ bt

3

12
= 20.36 N ∗m2 (60)
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It is important to note that only the first buckling mode (1/2 wavelength) is
considered for this analysis. This is because the ratio of the plate length (‘a’
parameter) to the plate width (‘b’ parameter) is less than 1. With this ratio,
the maximum number of half waves that will fit into the buckling failure is 1
[29]. The kc term in Equation 59 is the buckling coefficient, which is calculated
to be 4.22, as shown in Equation 61 below.

kc = (
b

a
+
a

b
)2 = (

87.99

69.85
+

69.85

87.99
)2 = 4.22 (61)

These values can be used to estimate the critical load that will cause buckling
of the frame. The critical load was estimated to be 9.63 kN , as shown in the
calculation below.

Nc per m = kc
π2D

b2
= 4.22

π2 ∗ 20.36 N ∗m2

(0.08799 m)2
= 109470 N/m (62)

Nc = (Nc per m)∗(b) = (109470N/m)∗(0.08799m) = 9632N ∼= 9.63 kN (63)

The factor of safety can be estimated by comparing the compressive load of the
launch assembly on the launch frame to the critical load calculated above. The
factor of safety based on the analytical buckling model was found to be 11.8.

2.5.4.2 Simulation Model of Launch Platform Frame Buckling

The next step in the buckling analysis is to conduct a finite element analysis
simulation of the compressive loading on the launch frame. Two models were
considered in simulation to support the results of the analytical buckling model.
Both models were simulated using the Structural Buckling feature in Fusion 360.

First, a rectangular plate was simulated in the same configuration as the load
and constraints shown in Figure 47 above. This plate geometry is the same as
the thin wall of the launch frame. The load applied is 815 N, which is approxi-
mately 1/8 of the combined weight of the launch rail and rocket. This simulation
converged to a factor of safety above the applied load of 283.8. Figure 48 be-
low shows the deformation experienced by the plate under the compressive load.

79



Figure 48: Buckling Deformation of Simply-Supported Plate in Simulation

The second model that was simulated under buckling conditions was a full sec-
tion of the launch frame. This model considers the dissipation of stress along
the top and bottom surfaces of the launch frame, not just the walls. The cut
faces of the frame were constrained in this simulation, to mimic the parts of the
launch platform frame that are not directly loaded. The load applied to the top
and bottom surfaces is 1630 N for this simulation, which is approximately 1/4
of the combined weight of the launch rail and rocket. This simulation converged
to a factor of safety above the applied load of 567.8. Figure 49 below shows the
deformation experienced by the frame section under the compressive load.
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Figure 49: Buckling Deformation of Frame Section in Simulation

2.5.4.3 Comparison of Analytical and Simulated Buckling Models

These differences may be a result of a number of sources of error present in
the models. In particular, the stress distribution in the simulation models may
dissipate some of the load, which increases the load the walls can withstand
before buckling. Another source of error present in both of the models is the
effect of the remainder of the launch frame, which also dissipates some of the
stress on the section under compression.

Despite the deviation between the simulated and analytical models, both provide
a factor of safety that is considerably larger than the minimum 1.5 factor of
safety recommended by NASA [30]. Based on these results, it is determined
that the launch frame will not experience buckling failure under the compressive
load of the ‘C’ fixture. This can be further confirmed through future structural
testing of the launch frame beams.

2.5.5 Addition of Mounting Holes to Launch Rail Endplates

Another concern that was noticed was the lack of a structure that will prevent
the rocket from slipping off the end of the rail. Two endplates and associated
mounting fixtures were added to accomplish this. There were two endplates
used at the rear of the launch rail to keep the guide rails in place, but they did
not extend to the guide rail opening (where the rocket slides on and off). These
end plates will be manufactured from 304 Stainless Steel, which is a common
grade of Stainless Steel [31]. Steel is preferred to aluminum for these fixtures,
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as they will experience a large load due to the rocket weight. Stainless steel was
chosen to provide corrosion resistance to the launch environment, as was done
for the selection of the bolt and locknut material.

A single 1.4” bolt is mounted to a threaded hole in the solid launch rail. This
size is the same as the bolts used to mount the arms of the launch platform
to both the ‘C’ fixture and launch rail. The strength of the endplate was not
analyzed this term, but the shear stress imposed on the endplate by the rear
rail guides of the rocket will need to be investigated to ensure the endplates do
not tear during loading. The updated model of the launch rail with mounted
endplates is shown in Figure 50 below.

Figure 50: Mounted Endplates to Prevent Rocket Detachment

2.5.6 Launch Platform Structure Conclusion

In conclusion, the launch platform was modified from a deployable mechanism
to a fixed design that holds the combined launch rail and rocket at a 30 degree
elevation angle.

The fixed launch platform was investigated for tensile and buckling failure.
Despite some deviation between analytical and simulated results, there were
substantial factors of safety calculated for both of these failure scenarios, and
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no design changes were made based off the results.

Endplates with mounting holes were added to the rear of the launch platform
to prevent the rocket from detaching from the guide rails during ascent.

2.5.6.1 Future Work on Launch Platform Structure

Due to the desire for small adjustments to the launch angle, future work will
involve the addition of the pitch control mechanism outlined in Section 2.5.
This will result in the replacement of the rear arms of the launch platform with
adjustable length arms that are being designed by Tristan Osena.

In terms of structural analysis of the launch platform, there is considerable work
left to be done. An important analysis next term will be to analyze the strength
of the bearings that connect the front arms of the launch platform to the launch
platform frame. In addition to the bearing analysis, a strength analysis will
need to be conducted on the bolted sections to determine if the current number
of bolts is sufficient, or if the number needs to be adjusted.

Finally, it would be desirable to conduct an analysis of the launch rail as the
rocket moves after ignition. It may be possible to reduce the complexity of the
launch rail, as well as the number of structural members that are used.

2.5.6.2 Thank You and Contact Information

Thank you for taking the time to read this report on the launch platform struc-
ture used in the 2024/2025 Rocket-Propelled Wind Tunnel capstone project.
Please provide any feedback to Jake Birkness at jakebirkness@cmail.carleton.ca.
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2.6 Launch Platform Attitude Control - Tristan Osena

The initial state of a rocket at launch is imperative when designing a mission.
The Rocket-Propelled Wind Tunnel (RPWT) will fly above Canada’s controlled
airspace at 70,000 ft and descend through controlled airspace during landing,
thus it is necessary to precisely specify the initial pitch and yaw of the rocket
to ensure that it closely follows a desired flight-path. The roll-pitch-yaw rocket-
fixed axis is used to characterize the attitude of the rocket in three dimensions,
as shown in Figure 51.

Figure 51: Roll-Pitch-Yaw Principle Axes for Rocket [32]

The RPWT will ascend to altitude using a stratospheric balloon, the launch
rail and rocket will be mounted below the balloon at a known pitch-angle.
During ascent, atmospheric perturbations such as gusts of wind will influence
the attitude of the launch platform. It is assumed that the launch platform will
be oriented at a random yaw angle once it reaches altitude, and the pitch angle of
the rocket may need to be influenced to achieve the desired trajectory. Improved
initial attitude control mechanisms are necessary for the rocket to re-orient due
to attitude perturbations during ascent. During the Fall 2024 semester, the
design of pitch and yaw control mechanisms was initiated to implement on the
launch platform.

2.6.1 Launch Pitch Control

The previous launch platform design does not include any active pitch control.
However, it introduced a mechanism to drop the rocket from horizontal to a
45◦ pitch attitude prior to launch. The stated purpose of the mechanism is to
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allow the launch assembly to be more compact during ascent while allowing for
a launch at 45◦ from horizontal [33]. Jake Birkness’ design report, presented in
section 2.4, provides analyses of the launch platform finding that an impulsive
force of 27, 000N is to be expected on the center of mass of the rocket due to
the falling launch rail. Large impulsive forces acting on the rocket have the
potential of damaging the internals of the rocket prior to launch, this would
have to be reduced using mechanically complex damping mechanisms.

To allow for active pitch control of the rocket prior to launch, the design of twin
linear actuators was initiated. The Actuators are designed to replace the rear
arms of the launch platform to allow for variable extension and retraction, thus
controlling the pitch-angle of the rocket at launch.

2.6.1.1 Linear Actuator Design Parameters

Linear actuators convert rotary motion into linear motion through the use of a
lead screw and flange. An electric motor and gearbox apply a torque about the
lead screw, the rotation of the lead screw is related to the linear motion of an
extension arm through the pitch of the thread. The pitch of a thread is given
to be the distance between consecutive threads, as a threaded screw makes one
full rotation, the threads will move a linear distance equal to the pitch.

Figure 52 shows a close-up view of the designed lead screw and extension arm
mechanism. As the central screw rotates fully, the connected threaded flange is
forced to translate a distance equal to the pitch.

Figure 52: Lead Screw Extension Mechanism

The linear actuators were designed for a maximum extension of 300 mm, from
the geometry of the launch platform, it was determined that an extension of 300
mm corresponds to a maximum pitch angle of approximately 12◦ above horizon-
tal. An M24 lead screw was selected with a pitch of 5 mm from McMaster-Carr
[34]. The M24 screw was selected as it was the smallest sized threaded rod
available in 5 mm pitch.

The linear actuators must be designed to manipulate the loads applied by the
launch platform and rocket. A safety factor must be introduced such that the
devices do not fail when lifting the maximum desired load. The mass of the
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launch rail and rocket combined was determined to be 664.1 kg, assuming the
previous years’ calculated loaded mass of 253.8 kg [33]. The maximum axial
load on the lead screw was calculated using the weight of the mechanism above,
and the angular deflection of the actuators at max extension. The load was
calculated to be 6592.4 N .

The necessary driving torque was calculated by scaling the power applied by an
assumed system efficiency factor of 0.5.

Pout = η ∗ Pin (64)

τ ∗ ω ∗ η = Fload ∗
ω ∗ Pitch

2π
(65)

τ =
Fload ∗ Pitch

2πη
(66)

Equations 64 to 66 describe how the necessary driving torque was determined.
Power is known to be the product of force and velocity, in the case of angular
systems that is torque and angular velocity. The power applied to the lead
screw is equal to the driving torque multiplied by the driving speed. The power
required by the extension arm is the product of the load applied and linear
velocity. The linear velocity of the extension arm can be found by multiplying
the lead screw pitch distance by the angular velocity converted to revolutions
per second. The conversion is made simply by dividing the angular velocity by
2π.

Using the values selected and calculated above, the maximum driving torque
was found to be 10.5 N ∗m. A drylin® E-stepper NEMA34 motor was selected
for usage on each linear actuator. The motor has a high rated holding torque
of 5.9 N ∗ m, and a dynamic torque of 4.25 N ∗ m operating at 90 rpm [35].
Figure 53 displays the torque-angular speed characteristic curve of the selected
motor driven at 24 and 48 Volts.

It is shown that the selected motor has a high torque-output of approximately
5.3 N ∗ m at low angular speeds. During the linear actuator design, it was
necessary to consider how fast the mechanism can extend or retract, the speed
at which the mechanism can actuate is limited by the maximum speed at which
necessary torque is accomplished.

This motor is desirable as it can be geared above the necessary torque using a
simple 2.5 gear ratio, the motor also comes in a compact package, weighing 3.3
kg [35]. The motor requires a 24V 4.8A power source for continuous operation, a
CANBAT Lithium-Iron-Phosphate 25.6V power source was selected, the battery
is equipped with 12A ∗ h charge capacity [36]. Operating at 4.8A, the power
source allows for 1.25 hours of continuous use of two motors. The battery has
a weight of 2.72 kg.
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Figure 53: Drylin Motor Torque-Speed Characteristic [35]

2.6.1.2 Summary of Design Specifications

Table 6, below, summarizes the design requirements for the linear actuators,
using the drylin®motors and CANBAT power source.

Table 6: Linear Actuator Design Parameters

Max. Axial Load 6592.4 N
System Efficiency 0.5

Max. Torque Required 10.5 N ∗m
Motor Torque (@ 90 rpm) 4.25 N ∗m

Desired Gear Ratio 2.5
Max. Driving Torque 10.625 N ∗m
Lead Screw Diameter M24
Lead Screw Pitch 5 mm

2.6.1.3 Mechanical Design of Actuators

The linear actuator was designed in 3 stages; the extension arm, the lead screw
assembly and the drive assembly. The extension arm attaches to the lead screw
and lower launch rail, the lead screw assembly joins the extension arm to the
drive assembly, and the drive assembly joins the lead screw to the upper launch
platform.

To achieve the required mechanical advantage to drive the lead screw, two
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McMaster-Carr gears were selected and implemented. A 2.5 gear ratio was
achieved using a driven 20-tooth gear driving a 50-tooth gear which is fixed to
the lead screw.

Figure 54: Assembled Linear Actuator Mechanism

Figure 54 shows the designed linear actuator in the retracted configuration. The
actuator has an overall length of 635 mm, extending fully to 915 mm, allowing
for a total of 280 mm extension.

In Figure 54, the gears are exposed while the remainder of the drive assembly
is concealed within a housing. A housing will be made that encompasses the
gears and pins the linear actuators into the launch platform.

The lead screw transmits force to the extension arm through the threaded flange.
The flange is post-machined to bore holes for guide rods. The guide rods restrict
the motion of the flange to a single degree-of-freedom sliding motion.

Figures 55 and 56 show the top view of the linear actuator with the housing
removed. The M24 lead screw is machined to a 17 mm diameter shaft, such
that a 50 tooth gear can slide on and bolt to the shaft. The 50-tooth gear
is mounted on concentric thrust roller bearings within the gearbox housing,
enabling it to rotate smoothly under high loads. An additional thrust bearing
is attached further down the 17 mm shaft, the bearing sits within the drive
assembly housing to support axial and tangential loads on the lead screw.

The lead screw, flange, gears and bearings are all sourced from McMaster-Carr.
The drive assembly housing can be manufactured from 5 mm and 10 mm sheet
metal. A table of selected components and associated costs is presented in Table
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Figure 55: Extension Mechanism Retracted

Figure 56: Extension Mechanism Extended

7. Note that the list does not account for the costs of fasteners or certain custom
machined components.

Table 7 finds that the total cost of major components for each linear actuator
will be $ 1072.64. Nearly 50 % of the cost is associated with the electric motor,
it may be beneficial to examine more cost-efficient stepper motors providing
similar performance.

2.6.1.4 Future Work

Next steps for the linear actuator are to complete the design for the connecting
points between the actuators and the platform, and performing computer-aided
simulations to verify the performance of the mechanism and determine an effi-
ciency value for the system.

2.6.2 Launch Platform Yaw Control

When participating in civil rocketry, it is necessary to actively control the yaw-
angle of the rocket at launch in order to restrict the initial trajectory of the
rocket. The previously designed launch platform included four electric motors
equipped with propellers, each mounted at a corner of the launch platform. The
propeller actuators were predicted to be ineffective at accurately controlling
the yaw, as thrust provided about the yaw axis is dependent on the varying
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Table 7: Linear Actuator Components

Component Cost (CAD)
500 mm M24 Lead Screw 43.02
M24 Threaded Flange Nut 99.21

50 Tooth Module 2 Round-Bore Gear 82.00
20 Tooth Module 2 Round-Bore Gear 22.68
Drylin NEMA 34 E-Stepper Motor 532.25
CANBAT 25.6V 12 Ah Battery 249

17 mm Shaft Tapered-Roller Thrust Bearing 31.73
17 mm Shaft Needle-Roller Thrust Bearing 5.47
30 mm Shaft Needle-Roller Thrust Bearing 7.28

Total Component Cost 1072.64

density of air during ascent. The propeller actuators will be replaced with
a Control Moment Gyroscope (CMG) mechanism which works to actuate the
vertical yaw-axis of the launch platform by altering the angular momentum of
spinning wheels.

A technical journal article was found in which a group of researchers experi-
mented using control moment gyroscopes to actuate and stabilize the yaw of
the launch platform [37]. Their design uses a mechanism placed above the
launch platform centre of gravity with the CMGs placed equidistant from the
centre. The apparatus designed and tested by Shoyama et. al is displayed in
Figure 57.

Figure 57: Experimental CMG Yaw Control Mechanism [37]

The control moment gyroscopes are initially positioned vertically as shown in
Figure 57. In the vertical configuration, the angular momentum of each wheel
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cancels out, however, as both wheels rotate about the arm their angular mo-
mentum increases about the yaw axis.

2.6.2.1 Control Moment Gyroscope Dynamics

The launch platform can be torqued about its yaw axis by altering the total
angular momentum about the yaw axis. The angular momentum contributed
by both CMGs is modeled using the relation below. The variable ω represents
the angular velocity of the CMG wheels and θ represents the elevation of the
angular momentum vector with respect to the horizontal [37].

hyaw = 2 ∗ Iwheel ∗ ω ∗ sin(θ) (67)

In the equation above, Iwheel denotes the moment of inertia of each CMG wheel.
The total angular momentum would be equal to 2 ∗ L, as depicted in Figure
57. It should be noted that L is equivalent to hyaw, presented in the equation
above.

Torque about an axis is equal to the time-derivative of the angular momentum
about the same axis, thus, the torque contributed by the CMG apparatus can
be determined by taking the derivative of the above equation.

τyaw =
d

dt
(2 ∗ Iwheel ∗ ω(t) ∗ sin[θ(t)]) (68)

τyaw = 2Iwheel(ω̇sin(θ) + ωθ̇cos(θ)) (69)

Within the CMG apparatus, the angular velocity and elevation of the wheels are
both time-variable. The total torque contributed about the yaw-axis consists of
two terms, the first term is related to the angular acceleration of the wheels at
a non-zero elevation angle, whereas the second term is a function of the wheel
angular velocity and the rate of change of the elevation of the wheels.

While both wheels are aligned vertically, their angular momentum cancels out
and the wheels can spin up without interfering with the attitude of the platform.
At a constant velocity, the wheels can be tilted at a constant angular velocity
from the horizontal plane to induce a torque about the yaw axis.

2.6.2.2 Launch Platform Yaw Dynamics

The sum of torques about the yaw axis is equal to the angular acceleration of
the platform scaled by the total moment of inertia about the axis, as shown in
the relation below.

Στyaw = Itotyaw
∗ ω̇platform (70)
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The objective of the CMG mechanism is to counteract any atmospheric torques
and correct any drift which occurs from the desired azimuth angle, the angle can
be determined by integrating the angular acceleration twice, as shown below.

Σ

∫
τyaw = Itotyaw

∗
∫
ω̇platform (71)

θplatform =

∫ ∫
τyawdtdt

Iyaw
(72)

2.6.2.3 Yaw Control System Design

The dynamics for the CMG and launch platform must be implemented within
a feedback-controlled system to achieve and stabilize the yaw angle of the plat-
form at a desired setting. Next steps for this project involve developing and
simulating the control system within Simulink. The simulations will be run
with varied CMG inertia and wheel speed, allowing a wheel mass and geometry
to be selected in addition to a reasonable angular velocity for a desired system
response.

Using the wheel mass, geometry and velocity constraints, a structural base will
be designed to attach the CMG mechanism to the top of the launch platform,
connecting between the balloon and the launch platform. The structural element
must be able to support the load of the launch platform and rocket, and must
be able to rotate with respect to the balloon.

The implementation of a feedback-controlled system will require the implemen-
tation of gyroscopic sensors on the launch platform. Future work will involve
implementing and verifying the performance of gyroscopic sensors for use on the
launch platform

2.7 Ascent Subteam Recap

The ascent subsystem was developed through the design work outlined above.
The key developments of the ascent system from the term include preliminary
sizing of the launch balloon, devised control systems for altitude and attitude,
an improved dynamic model of launch, and the proposed fixed launch platform
design.

Next term, the ascent sub-team will work to integrate the initial conditions for
launch with the control system design. It is vital that the initial conditions
from launch can be estimated to ensure initial dynamic stability of the launch
vehicle. In addition, further design work and analysis will be done to integrate
the altitude and pitch control mechanisms with the launch platform.
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3 Airframe Design

3.1 Airframe Subteam Introduction

The airframe project for the rocket design project (RDP) capstone has been a
build-off of the previous year’s work, including the rocket design, wing design,
and test section design. The group has been broken into two working teams
to focus on the rocket design of the 2024 launch vehicle and a newly proposed
blended wing design which will be designed around a test section; putting a
larger emphasis on obtaining accurate in-flight test results.

Additionally, a Schlieren imaging system will be integrated into the launch ve-
hicle. This is an integral feature of the Rocket-Propelled Wind Tunnel as it will
provide high-speed flow visualization. Integrating this system is mission-critical
and is a key focus of both design groups.

Figure 58: RDP 2024 Final Airframe Design [1]

The goal of the Airframe Subteam is to adapt and improve upon the previous
model of the rocket airframe. The newly added Schlieren imaging system will
require a structural analysis update of the outer mold to mitigate any failures.
Adapting the rocket airframe model includes the redesign of several different
flagged components from the previous year design, such as nosecone, landing
gears, and wing deployment system.

The Blended Wing concept idea originated from the conclusions reached in
the 2024 RDP term report. Which stated the design was incomplete as the
deployable wings as shown in the 2024 design in Figure 58 did not generate
adequate glide performance along with a large Angle of Attack (A.O.A.) required
during cruise largely nullifying any opportunity to capture flow normal to the
test section inlet.

The landing gear design of the previous year was determined to require work
to improve capabilities of surviving landing. This, alongside the addition of
internal space with respect to the new airframe considerations, allowed for a
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new design approach towards the landing gear mechanism to be used in the
aircraft mold.

The addition of a shock absorber mechanism also analyzed the damping method
and simulation, and the addition of a worm gear to rotationally deploy and self-
lock the landing gear in order to develop a new landing gear mechanism. With
respect to the cover analysis absent from 2024 RDP term report,

a thermal analysis method was required to be developed to analyze temperature
change of rocket body during entire flight, and design thermal control strategies
for required rocket components. A simulation model would be developed to
determine the thermal issues presented in each design, and passive and active
thermal control strategies could be proposed to reduce these factors.

3.2 Rocket Body Design and Analysis - Graham

Peer Reviewed by: Wissam Aldouri

3.2.1 Review of previous model

With the addition of a Schlieren imaging system, more internal space is required
indie the rocket to allow for the imaging system to properly fit inside the rocket
outer frame. This analysis aims to determine a thickness of the outer mold
with respect to the increased diameter that will achieve similar failure analysis
compared to last year report. A review of the previous report concluded that
the decision for airframe outer mold consisted of a 2-meter-long metal tube
of outer radius of 127 millimeters, or 5 inches, and a 5-millimeter thickness.
[1]. An FEA analysis was conducted on the test section outer cylinder tube,
which led to similar analysis values to apply to the airframe tube [1]. From
analysis with respect to lens, camera, and focal lengths, it was concluded that
a schlieren imaging system would not properly fit inside the inner tube without
significant reduction to test sample size. As a result, an allowable 6 inches, or
152-millimeter radius was given for analysis purposes, but may be required to
change with respect to updated data and requirements.

3.2.2 Rocket Body Design comparison of materials

A review of manned and unmanned solid rocket motor aircraft provided infor-
mation towards key considerations of airframe design and analysis, in addition
to common structural materials and practices. Designs which were analyzed
commonly include aluminum, titanium, steel, and carbon fiber reinforced poly-
mers [38]. A referenced design included the Boeing X-51 Waverider [38]. While
scramjets are not considered for usage in the solid rocket motor design currently
in usage, referencing the internal design and shape of the rocket provided in-
sight into analysis considerations of rocket shaped aircraft in addition to bay
sectioning and assembly methods [39]. Unfortunately, information regarding
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different manufacturing methods and equations for analysis regarding different
design remains classified.

Figure 59: FEA Analysis of Boeing X-51A [39]

Figure 60: Generalization of X-51A Internal Sections [38]

3.2.3 Axial Compression Analysis

Considering an upscaled airframe, the thickness of the frame may be insufficient
with respect to the bigger diameter as smaller thickness to diameter ratios can
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compromise the mold’s structural integrity. To determine this, a structural
analysis of thin-walled cylinders was performed to determine a value of thickness
which will not fail under flight loads, while reducing weight and required thrust
load. From flight, two major loads will be applied to the outer mold: buckling
due to axial compression and deformation due to bending loads.

3.2.4 Axial Compression Analysis

To determine the required thickness of the airframe, the material properties were
used to determine the amount of stress experienced by the structure before an
isothermal cylinder would buckle under axial compression. This equation is
given by Eq.73 where; E is Young’s modulus (Pa), ν is Poisson’s ratio, γ is
the buckling knockdown ratio, and t and r are the thickness (m) and radius
(m) respectively [40] [41] [42]. The equation considers local bending which may
occur in the cylinder as length is not included in the equation. The buckling
knockdown factor added to the equation, is a method of which can determine
the difference between theoretical and testing critical bending stresses. This
value incorporates the usage of axial half wave and circumferential full waves
that denote how sections of the cylinder may buckle [40] [43]. Considering
the amount of information currently present and the lack of bulkheads being
considered, the buckling coefficient can be set to 1.0 to consider theoretical
values. The calculation for the buckling knockdown coefficient can be seen
through equations Eq.74 through Eq.75 [40].

σcr =
γE√

3(1− ν2)
∗ t
r

(73)

γ = 1− 0.901(1− e−ϕ) (74)

ϕ =
1

16

√
r

t
(75)

3.2.5 Bending Analysis

Bending analysis considers both ends to be simply supported. For sufficiently
long cylinders, the equation can be defined by Eq.76 where; E is Young’s modu-
lus (Pa), ν is Poisson’s ratio, and t and r are the thickness (m) and radius (m),
respectively [40]. This analysis is performed with respect to a cross-sectional
collapse due to side loading away from structural supports. Thereby prevent-
ing the circular cross-section design from deforming into an oval shape from a
uniform bending load [40]. A future analysis will include a moment-bending
analysis of the weight of the test section against the airframe during turning for
level flight at 70,000 ft.

Mcr = 0.987 ∗ Ert2√
1− ν2

(76)
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3.2.6 Analysis and Model of Rocket Outer Mold

Preliminary model was created with information gathered from calculations. A
comparison of the previous outer mold frame and new model frame is illustrated
in Figure 61. To achieve similar axial compression critical strengths to the
previous model, the thickness of the airframe would be required to increase to 6
mm for similar axial compression forces for a structural steel frame. This would
cause the airframe to weigh approximately 93.54 kg, or roughly 30 kg more than
the previous model.

Table 8: Structure Critical Stress and Weight Analysis

Outer Radius Model thickness (mm) σcr (GPa) Weight (kg)
10” 5 5.0039 61.41
12” 6.0 5.0038 93.54

Figure 61: Comparison of Previous Airframe and New Airframe Outer Molds

3.2.7 Conclusion and Future Works

The analysis of structural integrity of thin-walled cylinders under axial com-
pression and bending has produced an outer mold geometry which can be used
for assembly and sizing for components. Should a design change be necessary,
analysis methods will be performed again to ensure proper sizing. The research
carried on different aircraft has assisted in the determination of proper materi-
als and thickness-to-diameter ratios for the completion of the calculations and
model.

The preliminary design inner radius is subject to change depending on
Schlieren imaging apparatus and requirements, as such the methods used
above can redefine new airframe geometry to accommodate for the updated
information. Future work will focus on the creation of bulkheads and
mounting framework on the interior of the rocket body. This will include
mounting for the test section, respective electronic hardware and areas for
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motor housing.In addition, with the information presented by the nose cone
development, an aerodynamic analysis could be performed to determine
updated drag and lift forces which act on the face of the rocket, and the
development of shock waves along the surface of the mold.

3.3 Rocket Body Deployable Wings - Graham

3.3.1 Design Comparisons and Considerations

In the last year’s design, a proposal for deployable wings on the rocket body
was created to provide a method of lift post-burnout for landing. This system
consisted of two wings with similar deployment mechanisms which would swing
the wings from the back of the rocket to perpendicular to the rocket body [1]. As
a result, the rocket would have a more streamlined surface that would decrease
drag during the testing phase of flight but provide additional lift to the rocket
when landing[1]. This proposal was ultimately reconsidered for fairings and
stowed wings, as the deployment mechanisms would take up too much space on
the rocket body [1]. From this decision, no analysis was performed with respect
to drag and lift values to determine if the wings would function as expected.

With the increase in rocket body size, the reconsideration of deployable wings
would be plausible with proper analysis and can become a consideration to the
rocket body versus lifting body design choice. This would require the usage of
CFD analysis to determine the coefficients of drag and lift, in addition to the
center of pressure, to determine the drag and lift forces acting on the wing as a
method of solving for actuation moments. This can then be used to determine
the maximum moment required to open the wings with respect to aircraft speed
and altitude and compared with the position of the rocket during flight with
trajectory analysis values. From this analysis, it can be concluded whether the
wings are applicable or would require a design change consideration.

3.3.2 Review of Last Year’s Model

From last year’s report, set design goals and physical constraints were set, as
seen in 9 The deployable wings consisted of two flat wings which would be
attached to 4-bar rocker mechanisms[1]. The rocker bar would be deployed by
a linear actuator bar that would pull on the bar system to swing the wing from
the tip facing the back of the rocket, to being perpendicular to the rocket [1].
The rocker bar mechanism would assist in the distribution of forces and reduce
the amount of actuation required to open the wings to their desired position[1].
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Table 9: Parameters set in ANSYS Fluent CFD

Feature Dimension
System length 1.75 [m]

System width (above body) 0.325 [m]
System height (above body) 0.1 [m]
Vehicle mass at burnout 77 [kg]

3.3.3 Drag/Lift Forces Forces

To determine the the maximum actuation torque, the wing will be analyzed as
a fixed support and free end beam with a force application creating a bending
moment. It will be assumed that the maximum force applied to the wing is at
the point where the wings are fully deployed and perpendicular to the rocket
body. As such, the rocket actuation magnitude must be equal to or greater than
the calculated moment forced caused by the forces opposing wing movement.
These forces will be compromised of the drag of the air on the wing. The general
equation of drag forces can be defined as Eq.77 [44] where CD is the coefficient
of drag, A is the reference area, ρ is the density, and V is the velocity of the
object [44].

D =
1

2
∗ Cd ∗ ρ ∗ S ∗ U2

∞ (77)

L =
1

2
∗ Cl ∗ ρ ∗ S ∗ U2

∞ (78)

Cd = Cd,0 + Cd,l (79)

Cd,0 = Cd,f + Cd,w (80)

Cd,l = Cd,i + Cd,v (81)

Cd,0 and Cd,l are representative of the coefficient of drag with zero-lift and with
lift respectively. These can then be determined by the coefficients of surface
friction drag (Cd,f ) and wave drag (Cd,w) for zero-lift, and the induced (Cd,i)
and viscous (Cd,v) drag coefficients for lift [44]. these values were determined
through simulation of the airfoil as seen in the CFD Analysis .

From the forces gained, the actuation can be determined by evaluating a mo-
ment force acting along the plane yaw axis. A center of pressure has not been
determined for the wing shape from the previous year, and for the current work
performed. As such, it will be estimated that the center of gravity, or the cen-
ter of the wing, will be the point of application for the resultant force. While
this method is not entirely accurate towards the final value, it will provide a
sufficient estimate of the forces required to open the wings.

99



Ma = D ∗ dc (82)

The method of which to apply altitude to these equation involves the Mach
number. The mach number is defined as the ratio between an objects speed and
the speed of sound of a surrounding medium, and can be solved for using Eq.83
where v is the velocity of the object and a is the speed of sound. With respect to
the medium, the speed of sound can be calculated as Eq.83 where γ is the ratio of
specific heats (1.4 for air), R is the specific gas constant (287.05 J/kg K), and T
is the temperature of the surrounding air [45]. From the International Standard
Atmosphere (ISA) model, the values for temperature, pressure, and dynamic
viscosity can be determined., which thereby gives the mach number, free stream
velocity, and Reynolds number that can be used in the CFD simulation and are
tabulated in Figure 62.

M =
v

a
(83)

a =
√
γ ∗R ∗ T (84)

Figure 62: Air Properties for Different Altitudes [46] [45] [47]

These properties are determined with respect to the altitude of the object in
the air, relative to sea level [45]. These values are also required in order to
determine the drag as seen in Eq.77. Where Re is the Reynolds number, U∞
is the velocity of the free-stream, ρ∞ is the density of the free-stream air, µ∞
is the dynamic viscosity of the free-stream air, and c is the chord length of the
airfoil.

Re =
ρ∞ ∗ U∞ ∗ c

µ∞
(85)
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3.3.4 CFD Analysis

Figure 63: Mesh of Fluid Boundary and Wing Shape

To determine coefficient of drag and coefficient of lift values, the wing will be
analyzed using ANSYS Fluent computational fluid dynamics (CFD). This will
allow for the computation of drag and lift forces which act on the wing. Due to
symmetry, only one wing will be analyzed. CFD analysis will be performed at
different mach numbers and height values [47], which will be changed through
varying density and pressure values for air. A model of the wing is required in
order to perform the calculation, unfortunately a legacy file was not found in
the previous years files or network drives. As such, a wing was made by using
the airfoil shape of the final rocket design Fusion 360 file, by projecting and
sketching the airfoil to extrude out to the size set by the design constraints.
This model was placed into ANSYS with a half circle shape representative of
the fluid domain and a polyhedral mesh was generated as seen in Figure 63.
The parameters set in the solution folder can be seen in Table 10, where air is
solved as an ideal gas density with Sutherland viscosity at higher mach numbers
(=>0.7), and is set to constant density at lower mach numbers (<0.7). Pressure
and air density values were taken with respect to altitude as per tabulated values
in Figure 62 In the analysis, the pressure far field was set to project mach 3
conditions into the front of the airfoil, with reference air density and operating
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pressure being set to height values of 10,000 feet intervals. To ensure proper
value acquisition from the CFD analysis, a reference shape with coefficient values
available is the best method to ensure correct values. However, the last year
report did not specify a wing or airfoil shape. It was concluded that the best
assumption for similar airfoil shape seen in the fairing design was a 6 percent
thick supercritical airfoil [48]. Performing a geometrical analysis of the sketched
airfoil, it was found that the thickness to cord ratio is 0.11. Unfortunately, mach
numbers of drag and lift values solely exist up to mach numbers of 0.84. As
such, the best method performed to ensure proper values was to take a reference
shape with a similar boundary condition to the generated mesh of the airfoil
and perform simulations to ensure proper data collection with expected shape
values.

Figure 64: Mesh of Airfoil Face

Table 10: Parameters set in ANSYS Fluent CFD [49] [50]

ANSYS Fluent Parameters
Steady State

Pressure Based
Spalart-Allmaras

Energy Equation On
Air - Ideal gas, Sutherland viscosity
Pressure far field boundary inlet
Slip wall connected to object

Second order spatial discretization

From the analysis simulations were performed at height intervals of 10,000 ft for
mach number intervals of 0.25. These simulations would yield the CD, which
could be used with the known air properties and air speed values to determine
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FD.

Figure 65: Streamline Velocity and Pressure Contour, 0 degree AoA

Figure 66: CD of Airfoil at 70,000 ft, 0 degree AoA
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Figure 67: CD of Airfoil at 70,000 ft, 0 degree AoA

Figure 68: Streamline Velocity and Pressure Contour, 4 degree AoA
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Figure 69: CD of Airfoil at 70,000 ft, 4 degree AoA

Figure 70: FD of Airfoil at 70,000 ft, 4 degree AoA

From simulation, it was found that the differences in coefficient of drag with
respect to altitude are relatively small. As such, the coefficients of drag will be
analyzed from on set of values and applied to the drag force equation Eq.77.
These coefficients of drag are representative of the total summation of drag
coefficients described in Eq.79. By applying the drag force equation and moment
equations, the total actuation of the point can be determined. As seen in the
the coefficient of drag graph 69, the trend of drag coefficient with respect to
mach number drastically increases around Mach 1. This is due to the creation
of shock waves along the surface of the wing [48]. From these drag coefficients,
Eq.77 was used to calculate the drag force, which is then used to estimate the
moment force acting on the wing with respect to the center of pressure.
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3.3.5 Conclusions

The drag values serve as a representation of force required along the wing arm
in order to open the wings and maintain their position. Ideally, the wings would
open at the highest position possible to decrease air density, and the lowest speed
possible to ensure lowest free-stream velocity of air, both of which contribute
to drag force as per Eq.77. This information can be compared with trajectory
analysis numbers to obtain best points of flight. These values are estimations
with respect to the center of gravity.

3.3.6 Conclusion and Future Works

The conclusion of the applicability of deployable wings in the rocket body sys-
tem is incomplete. This requires the determination of the center of pressure on
the wing, which can be completed with a simulation of the moment and forces
acting on the wing. Once this is completed, the values can be used to find an
actuator that can handle the deployment forces during flight. This information
can reference the trajectory analysis to determine the point where the actua-
tor can open and if the position during flight seems reasonable. An analysis
regarding the partial opening of the wings will also be performed. This will be
done by utilizing the structural bar method described and used throughout the
deployable wing section, with a force angled with respect to the sweep angle
of the wing. This will assist with deployment mechanics and analysis of the
deployable wings. If the conclusion is that the deployable wings are applicable,
then the deployment mechanism can be examined further to reduce size. This
will apply calculations regarding the dynamics of machinery and bar mechanism
force analysis. If the deployable wings are concluded to be non-applicable, re-
search into different mechanisms or deployable wing systems can be performed.
One prospect could include the experimental ND-1 aircraft designed by NASA
which features an oblique wing capable of rotating to different sweep angles [51].
These wings are designed to reduce wave drag, making them capable of maneu-
vering at high speed, while still having large wing lengths which can generate
lift in subsonic travel [51].

3.4 Blended Wing Conceptual and Preliminary Design -
Philippe Charapov

Peer Reviewed by: Nathan Bolduc

3.4.1 Background

The objective of this project component is to create a blended wing design to
achieve more favorable condition for flight during the cruise and glide portion
of the flight. Rather than the previous design where a rocket body was adapted
to house a test section and wings to achieve a lifting body during cruise; this
design is meant to be built around the test section.
The primary goal being to avoid the deflection of flow at the exit of the test
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section. In Figure 71 is shown a comparison of the previous test section flow
path lines versus the proposed test section flow.

Figure 71: Test Section Location Comparison: 1) 2024 Section Flow - High
Drag Design, 2) Blended Wing Underbody Design - No Flow Deflection

This effort begins with evaluating the feasibility of an underbody test section
as opposed to it being concentric to the circular body.
The following report will describe the Objectives, Design, Methodology and
Analysis of Blended Wing design feasibility compared to the previous rocket
body conceptual design.[1]
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(a) 2024 Test Section Profile [1]

(b) Blended Wing Airframe Profile

Figure 72: Comparison of 2024 & 2025 Test Sections

3.4.2 Objective

The scope of work for the Fall 2024 term has been to design and
develop an improved design of the previous airframe with the primary
distinguishing factor being the test section location: it will be placed
under the launch vehicle such that there is unimpeded through flow
through the test section. This design is referred to as the ”Blended
Wing Airframe”.
This is a systems engineering and design exercise, with the goal of a late-January
Go/No-Go decision. To move forward with the blended wing airframe or retain
the previous rocket airframe concept.
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3.4.3 Design

3.4.3.1 Known Variables and Assumptions

3.4.3.2 V∞ and Atmospheric conditions

Incoming airspeed can be determined based off of atmospheric conditions and
the mach relations. To find the speed of sound at 70 000 ft at ISA conditions[45],
see Equation 86 [52].

Relevant atmospheric properties are described in Table 11.

M =
V∞√
γRT∞

(86)

Table 11: Relevant Atmospheric Conditions at 70kft

Density[ kgm3 ] 0.07131
Temperature [K] 216.65

Speed of Sound [ms ] 295.04
Gravitational Acceleration [ms2 ] 9.5979

3.4.3.3 Airfoil Selection:

Referring to the previous year’s report [1], it can be determined that a NASA
Supercritical series airfoil was used [1] [48]. Specifically the NASASC2-0706 [53]
was used for this iteration.

Figure 73: Example NASA Supercritical Airfoil (NASASC(2)-0706) - 6% t
c ,

cd = 0.7 [48]

This transonic-specific airfoil is characterized by NASA between 0 < M < 0.82
and has a significant increase in drag as the incoming airspeed approaches sonic
conditions. Figure 74 depicts the change in the drag coefficient of an 11% thick
supercritical airfoil. Lift coefficient or aerodynamic efficiency data cannot be
determined analytically.
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Figure 74: Test Section Location Comparison: 1) 2024 Section Flow - High
Drag Design, 2) Blended Wing Underbody Design - No Flow Deflection [48]

The selected NASA SC(2)-0706 airfoil does not appear to adequately combine
the cruise and glide phases of flight. Further analysis of this airfoil, and the
potential selection of an alternative, will be left as future work. This is a signifi-
cant task requiring experimental testing or computational simulations to provide
conclusive results.

3.4.3.4 Thin Airfoil Assumption:

To proceed with the analysis, a thin airfoil assumption will be used, approxi-
mating the airfoil as a flat plate. While not entirely accurate due to the current
baseline airfoil’s positive camber and non-zero frontal area, this approximation
is valid for supersonic conditions because of the 6% thickness-to-chord ratio ( tc ).
The assumption holds under the following conditions:

• The airfoil thickness is small relative to the chord length.

t

c
<< 1 (87)
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• The airfoil has a small A.O.A.

α << 1 (88)

• The airfoil’s camber deviation from the centerline is minimal.

This simplification enables the estimation of lift parameters but does not account
for lift at zero AoA due to camber. A flat plate approximation will be used
to evaluate lift and drag coefficients, leveraging the low camber nature of the
NASA supercritical airfoil series. Using the free body diagram of a flat plate
(Figure 75), lift and drag forces in one-dimensional flow can be derived from
the Navier-Stokes equations, shown in Equations 89-92. Under the assumption
of infinitesimal thickness, at α = 0, the lift coefficient (Cl) and wave drag
coefficient (Cdwave

) both become zero.

Figure 75: Free body diagram of flow over an angled flat plate

Wing performance characteristics required for the blended wing aircraft being
designed by the airframe group. These are derived from the Navier-Stokes
equations of fluid motion (see Equations 89-92).

δρ

δt
+∇ (ρV) = 0 (89)

δ(ρ u)

δt
+∇ (ρu ∗V) = − δp

δx
+
δτxx

δx
+
δτyx

δy
+
δτzx

δz
+ ρfx (90)

δ(ρ v)

δt
+∇ (ρv ∗V) = −δp

δy
+
δτyx

δx
+
δτyy

δy
+
δτzy

δz
+ ρfy (91)

δ(ρ w)

δt
+∇ (ρw ∗V) = −δp

δz
+
δτxz

δx
+
δτyz

δy
+
δτzz

δz
+ ρfz (92)

The lift and drag characteristic equations of an angled flat plate can be derived
as the following relations, only wave drag terms are considered for the drag
coefficient term for now as skin friction data is unavailable. These will be added
in the future.

Cl =
4α√
M2 − 1

(93)
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Cd =
4α2

√
M2 − 1

(94)

It is critical to note that Equation 93, the thin airfoil lift coefficient equation,
is independent of the airfoil shape as this equations is specific to a flat plate.
The flat plate drag coefficient, Equation 94, Is specific to the flat plate and any
modification to the thin airfoil will modify the wave drag generated by the body
cross-section.

3.4.3.5 Coefficient of Lift:

Previously the target lift coefficient was Cl = 0.35, this has proven unrealistic
as we do not need to achieve this. Mainly the target Lift coefficient was ob-
tained for transonic conditions for a deployable glide wing with a large aspect
ratio. Recall, the NASA SC(2)-0706 airfoil was only characterized up to a Mach
number of 0.82, as shown in Figure 74.

Using thin airfoil and flat plate assumptions, Table 12 shows updated lift co-
efficients for various AoAs, providing stricter constraints for the wing design
until detailed parameters are refined through CFD and experimental methods.
The lift and drag coefficients, respectfully, in Table 12 are determined using
Equation 93 and Equation 94, shown above.

Table 12: Lift and Drag Coefficients at Various Angles of Attack from Thin
Airfoil Approximations

Angle of Attack (α)
(deg)

α
(radians)

C L Wave Drag (CDwave
) Induced Drag (CDinduced

) Total Drag (CD) Aerodynamic Efficiency

0 0 0 0.0000 0.0000 0.0000 /
1 0.0175 0.025 0.0004 0.0001 0.0005 46.74
2 0.0349 0.049 0.0017 0.0004 0.0021 23.44
3 0.0524 0.074 0.0039 0.0009 0.0047 15.61
5 0.0873 0.123 0.0108 0.0024 0.0132 9.37
10 0.1745 0.247 0.0431 0.0096 0.0526 4.69

Using this information, the Clα plot can be created, this relates the lift coefficient
to the angle of attack of the aircraft (ref Figure 76), Clα being the slope of this
plot. Experimental results will see a non linear portion at larger AoA’s due
to flow separation causing loss of lift and stall. In this case, from Figure 76,
Clα = 1.4142.
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Figure 76: Effect of AoA on the Lift Coefficient of a Thin Airfoil

3.4.3.6 Coefficient of Drag:

Using the flat plate drag relation shown in Equation 94, the wave drag of the
supersonic thin airfoil was estimated for various AoA’s in Table 12. Although
this wave drag estimation does not consider crucial factors such as induced drag,
and skin friction drag. As skin friction drag cannot be calculated due to the
immaturity of the design and material choices it will be left out for the time
being.
The second component, induced drag, is relatively simple to calculate and can
be determined with Equation 95

Cdinduced
= Cdpmin + kC2

l (95)

The minimum drag polar term is dependent on the aircraft geometry, this term
was set to zero until this parasitic drag can be determined using computational
methods. Because of this. In the subsequent portions of this project it will be
assumed that: CDpmin = 0.
Summing these drag terms together provides a simplified view of the drag pa-
rameters of the wing of the aircraft for cruise and glide portions of the flight.
These drag values for various AoA’s are shown in Table 12. The total drag
coefficients are plotted against AoA in Figure 77. Due to the uncambered as-
sumption, the drag polar is symmetrical, unlike that of significantly cambered
airfoils.
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Figure 77: Drag Polar of Supersonic Thin Airfoil

3.4.3.7 A.O.A.:

The angle of attack of the wing to the incoming airflow will determine the
amount of lift generated by the aircraft. This is closely coupled to the total area
of the lifting surfaces as a small A.o.A., therefore lower Cl, can be compensated
by a larger lifting surface area. Additionally, a large enough wing surface area
needs to be used such that gliding performance is adequate for a return to home
maneuver. Maximizing Aerodynamic efficiency, E, is critical for flight, for a
small aircraft such as the one currently being designed, an efficiency between
5− 15 can be targeted.

Figure 78: Effect of AoA on Aerodynamic Efficiency

From Figure 78 and Table 12, a 3 deg A.o.A. was selected to balance the lift
required and the glide performance. See Table 13, a summary of the flight
parameters at a 3 deg A.o.A..
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Table 13: Airfoil performance parameters at a 3 deg angle of attack

α [rad] 0.0524
Lift Coefficient (Cl) 0.074

Total Drag Coefficient (Cd) 0.0077
Aerodynamic Efficiency [E] 9.57

3.4.3.8 Lift estimation:

A numerical integration method was used to obtain the total lift of the non-
constant cross-section wing shown below in Figures 79 and 80.
The trapezoidal shape which can be solved analytically without integration is
used to validate the integration methodology. This is done to confirm the valid-
ity of the method and all calculations and code written to achieve this objective.
This can then be expanded on to contrast an compare multiple wing shapes,
areas and airfoil characteristics. Such contrasting and comparisons will be left
up to the following semesters work to effectively use this foundation for detail
wing design.
The following, Equation 96, mathematically describes the numerical integration
of the lift per unit span (L′

y). For numerical integration this integral form can
be transformed to the summation shown in Equation 97 for a constant segment
size.

L =

∫ b/2

0

L′
ydy (96)

L = 2 ∆y

b
2−1∑
i=1

1

2
ρV 2

∞c(yi)Cl(yi) (97)

A similar relation can be written for calculating the drag components.

D = 2 ∆y

b
2−1∑
i=1

1

2
ρV 2

∞c(yi)Cd(yi) (98)
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Figure 79: Plan form Area of Delta style wing (2m2)

Figure 80: Isometric View of Delta Style Wing

This numerical integration was performed for the following segment sizes: 0.01,
0.02, 0.05, 0.1. See Table 14. The resultant of both the drag and lift convergence
analysis showed a linear relation to segment size and the resultant lift and drag
forces. See Figures 81 & 82, as such the nul segment size value can be estimated
using a linear trend line, see Table 14.

Table 14: Lift and Drag Results as a Function of Segmentation Size Using a
Numerical Integration Method

Convergence Comparison
Segment Size [m] 0.1 0.05 0.02 0.01 [HTML]ADADAD0
Lift [kN ] 3.93 4.04 4.10 4.12 [HTML]ADADAD4.14
Drag [N ] 46.2 47.4 48.1 48.4 [HTML]ADADAD48.6
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0

Figure 81: Segment Wise Convergence of Lift

Figure 82: Segment Wise Convergence of Drag

L =
1

2
ρV 2

∞SCL (99)

To validate these results the governing equations of lift and drag were used with
identical parameters, see Table 15 below.

Table 15: Airfoil Performance Validation at a 3 deg AoA

/ Numerical Integration Analytical % Difference
Lift [kN ] 4.141 4.140 0.02

Total Drag [N ] 48.6 29.8 63.4
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3.4.3.9 Continued Work

Having validated the methodology the next steps of this project are to deter-
mine the wing lift and shape while maintaining parity with the Controls and
Avionics groups. All this with the goal of a a Go/No-go decision on direction to
proceed with the design of this vehicle and focus the teams efforts in a singular
direction.
To achieve this before the the end of January 2025, some key steps to take are
performing CFD analysis to validate the use of the NASA supercritical airfoil
previously selected. Key intermediate steps involve fine tuning the analytical
drag values to include skin friction terms, to validate the CFD parameters.

Working in conjunction with Wissam and Graham, to perform a comprehensive
comparison of the lifting body and rocket designs for the Go/No-go decision.

3.5 Lifting Body Structural Design - Wissam Aldouri

3.5.1 Introduction

The work presented in this section focuses on the design and analysis of a super-
sonic lifting body vehicle, specifically tailored for the mission profile involving
steady cruise at Mach 3 and subsequent unpowered descent and recovery. The
design process integrates mass and volume budgeting, aerodynamic optimiza-
tion, and structural analysis to ensure a feasible layout and reliable performance
throughout the mission phases.

3.5.2 Mass and Volume Budget

A mass and volume budget was established for the vehicle’s primary systems to
ensure a feasible internal layout and precise placement of the center of gravity
(CG). Table 16 provides an overview of the estimated dimensions, volumes,
and masses of the six major components. These values are derived from a
combination of last year’s data [1] and updated estimates tailored to this year’s
system requirements.

Table 16: Mass and Volume for Vehicle Systems

No. Component Name Dimensions (m) Volume (m3) Mass (kg)
1 Propulsion System Diameter: 0.244, Length: 1.99 0.093 194.6
2 Battery Bay 0.3 x 0.15 x 0.1 0.005 4.5
3 Avionics Bay 0.5 x 0.2 x 0.15 0.015 5.5
4 Front Landing Gear 0.5 x 0.15 x 0.1 0.008 5.5
5 Back Landing Gear 0.5 x 0.15 x 0.1 0.008 5.5
6 Test Section 12”x12”, Length: 1.2 0.111 41.6

The propulsion system dimensions, with a diameter of 0.244 m and a length of
1.99 m, correspond to a volume of 0.093 m3 and a mass of 194.6 kg. These values
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were sourced from last year’s report page: 102 [1]. They remain consistent with
the operational requirements for this year’s design iteration until more defined
values are obtained from the Trajectory Analysis subteam.

The battery bay is estimated at 0.3 m x 0.15 m x 0.1 m, resulting in a volume of
0.005 m3 and a mass of 4.5 kg. These preliminary values reflect the power needs
of the Schlieren imaging system, including the camera, light source, and data
acquisition systems. Refinement of these estimates will depend on the finalized
power system requirements and hardware selections.

The avionics bay, with dimensions of 0.5 m x 0.2 m x 0.15 m (volume: 0.015 m3,
mass: 5.5 kg), is essential for housing control systems and potential required
future sensors.

The front and back landing gear are both estimated at 0.5 m x 0.15 m x 0.1 m
each, contributing a volume of 0.008 m3 and a mass of 5.5 kg per unit. These
are preliminary estimates with further refinements expected as structural and
mechanical analyses are completed.

The test section is going to be designed to accommodate the Schlieren imaging
setup and is currently sized at 12 inches by 12 inches with a length of 1.2 m.
These dimensions correspond to a volume of 0.111 m3 and the mass of 41.6 kg is
sourced from last year’s report and spreadsheet as a baseline. These estimates
ensure sufficient space for the optical system (total focal distance of 1 m) and
its components. However, as the design progresses and imaging requirements
are refined, the cross-sectional area and length of the test section are likely to
decrease.

3.5.3 Internal Layout and Space Allocation

The internal layout of these components, shown in Figure 83, balances the
propulsion system, test section, and avionics for optimal CG positioning. Plac-
ing the avionics and battery bay close to the test section is advantageous for
several reasons. First, it minimizes the length of wiring required to connect the
bays together, reducing potential signal losses and the overall weight of cabling.
Shorter connections also improve reliability by reducing the risk of connection
failures and electromagnetic interference (EMI) that could affect sensitive elec-
tronics within the test section. Additionally, having these components in close
proximity allows for efficient power distribution to the sensors and cameras in
the test section, which is crucial for maintaining stable operation during high-
speed flight.
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Figure 83: Internal Layout and Space Allocation

3.5.4 External Layout and Center of Gravity Analysis

The external layout and center of gravity are critical to achieving static stability
for the vehicle. Both the initial center of gravity (wet mass configuration, CGi)
and final enter of gravity (dry mass configuration, CGf ) were determined based
on the external layout, which is strongly influenced by aerodynamic performance
and structural considerations. The CGi is located at 2625 mm from the nose,
while the CGf is at 2293 mm from the nose. These positions are the result of
iterative aerodynamic simulations and structural analyses to balance stability
and performance.

The fuselage features a flat-bottomed cross-section, shown in Figure 84, to ac-
commodate the test section and generate lift when the angle of attack (AOA)
exceeds zero degrees for gliding purposes. The fuselage is constructed from
Aluminium 6061 T6, chosen for its lightweight nature, favorable thermal prop-
erties, and a density of 2700 kg/m3 [54]. This material has been widely used in
aerospace applications due to its balance of structural strength, corrosion resis-
tance, and machinability [55]. For the design speed and mission requirements,
Aluminum 6061 T6 offers sufficient thermal resistance and strength-to-weight
ratio to ensure the vehicle remains efficient during both cruise and unpowered
gliding phases.

The structure incorporates two distinct thicknesses, 10 mm for the forward
section (2.135 m) and 5 mm for the rear section (2 m), as determined in the
Thermal Analysis section 3.7. This may make manufacturing of the fuselage
difficult, but if done correctly it would have the benefit of removing the unwanted
dead weight. These variations in thickness are done to handle the varying
aerodynamic and thermal loads across the fuselage as discussed in the Thermal
Analysis section 3.7. Based on these parameters, the total mass of the fuselage
is calculated to be 84.915 kg using Equation 100:
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m = ρV = ρAL (100)

where A is the cross-sectional area, L is the length, and ρ is the density. Table
17 summarizes the key parameters used for the mass calculation.

Table 17: Fuselage Design Parameters

Section Thickness (mm) Cross-sectional Area (m2) Length (m)
Front 10 0.01 2.135
Back 5 0.005 2.000

Figure 84: Flat-Bottom Fuselage Cross-Section

The fuselage incorporates a nose cone designed to position the test section as far
forward as possible, minimizing internal shock waves and meeting the require-
ments of the Schlieren imaging subteam. The relationship between the shock
wave angle (β) and the Mach number (M) for an attached shock is given by
[56]:

β = sin−1

(
1

M

)
(101)

For M = 3, the shock wave angle is calculated to be 19.5◦. To optimize aero-
dynamic performance, the nose cone angle should ideally align closely with this
value. A larger nose cone angle, such as the current 29◦, causes the formation
of a detached bow shock, increasing wave drag and creating unfavorable pres-
sure gradients. Conversely, aligning the nose cone angle closer to 19.5◦ would
minimize wave drag and allow for smoother flow attachment.

However, the 29◦ nose cone angle enables the test section to be positioned far-
ther forward, which is critical for the Schlieren imaging system’s functionality.
A compromise can be achieved by reducing the nose cone angle to 21◦, main-
taining compatibility with the shock wave angle while ensuring that the wings
remain behind the shock for aerodynamic stability. This trade-off balances the
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objectives of minimizing drag, maintaining stability, and accommodating the
forward placement of the test section.

Further analysis and simulations are necessary to finalize the nose cone angle,
ensuring that it achieves a balance between aerodynamic efficiency and system
integration requirements.

Figure 85: CAD Model of the Lifting Body
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Figure 86: Lifting Body Engineering Drawing

The wings and control surfaces shown in Figure 86, are sized to provide the
required lift and static stability during cruise, as discussed in the Aerodynamic
Analysis section 3.5.5.

The wing design uses a NASASC2-0714 airfoil [57], chosen last year, and in-
corporates a 3-degree angle of incidence. The wings are positioned at 2.375 m
from the nose, ensuring that changes in CG due to fuel consumption do not
significantly affect the pitching moment. Additionally, the wings are designed
with a 60-degree sweep angle. This design strikes a balance between supersonic
performance at Mach 3 during the 30-second test duration and subsonic gliding
requirements for the unpowered descent and landing.

Unlike a delta wing, which performs well at high speeds due to its high sweep
angle and low drag at supersonic conditions, the chosen swept wing design has
several advantages for this mission. Delta wings are less efficient at subsonic
speeds and exhibit higher induced drag during glide, reducing the vehicle’s hor-
izontal range and making unpowered landings less effective [58]. The 60-degree
swept wings ensure sufficient supersonic performance during the cruise phase
while maintaining better lift-to-drag characteristics at lower speeds, crucial for
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maximizing the glide distance after burnout. This is particularly important
given the mission’s dual requirements of achieving steady flight at Mach 3 and
enabling an effective glide for unpowered recovery.

Furthermore, a Blended Wing Design is being investigated as an alternative
approach to further enhance aerodynamic efficiency. Blended wings offer the
potential to integrate the control surfaces and stabilizers more seamlessly with
the fuselage, resulting in improved lift-to-drag ratios and reduced wave drag.
This design could also enhance overall stability during the mission’s critical
phases, such as supersonic cruise and unpowered descent.

The horizontal stabilizers, employing a symmetric airfoil of NACA 63A010 [59],
are set at a 0-degree angle of incidence and positioned at the end of the fuselage,
as shown in Figure 85, to ensure static pitching stability. The symmetric airfoil
ensures minimal pitching moment contribution during steady-level flight while
providing sufficient authority to counteract pitch disturbances.

The vertical stabilizer, also using a NACA 63A010 airfoil, has dimensions that
are currently assumed to provide adequate yaw stability. However, these dimen-
sions are subject to further refinement based on detailed aerodynamic analyses.
For now, the masses of the wings and control surfaces are estimated at 70 kg
and 30 kg, respectively.

This design choice reflects a deliberate compromise between high-speed aerody-
namics and subsonic glide performance, ensuring the vehicle’s ability to meet
both its test objectives and recovery requirements effectively.

The center of gravity for the entire vehicle is calculated using the following
equation:

xCG =

∑
(mixi)∑
mi

(102)

where:

• xCG is the center of gravity location from the reference point (nose of the
vehicle),

• mi is the mass of the i-th component,

• xi is the distance of the i-th component’s CG from the reference point.

The calculated xCG values, along with the mass and CG contributions of indi-
vidual components, are presented in Table 18.
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Table 18: Overall Mass and CG Analysis of Vehicle

Component Mass (kg) Length (m) CG Distance from Nose (m) mi · xi (kg-m)
Propulsion System 194.600 1.990 3.140 611.044

Battery Bay 4.500 0.300 1.995 8.978
Avionics Bay 5.500 0.500 1.595 8.773

Front Landing Gear 5.500 0.500 1.095 6.023
Back Landing Gear 5.500 0.500 3.500 19.250

Test Section 41.600 1.200 1.013 42.141
Fuselage 84.915 4.135 2.068 175.562
Wings 70.000 0.800 2.775 194.250

Control Surfaces 30.000 0.500 3.885 116.550
TOTAL Wet Mass 442.115 — — CGi: 2.625 m from the nose
TOTAL Dry Mass 268.715 — — CGf : 2.293 m from the nose

The preliminary mass and CG data ensure that the vehicle layout supports
aerodynamic and structural requirements while attempting to maintain static
stability. The CGi is located at 2625 mm from the nose, while the CGf shifts
to 2293 mm from the nose. This shift is attributed to the consumption of
propellant during flight, reducing the mass of the propulsion system from 194.6
kg to 21.2 kg after burnout, based on last year’s analysis, results in a 268.7 kg
dry mass. This change significantly alters the mass distribution.

A detailed engineering drawing can be found in Figure 86. Further refinements
will integrate results from ongoing aerodynamic simulations and material selec-
tions, ensuring precise alignment with mission requirements.

3.5.5 Aerodynamic Analysis

3.5.5.1 Assumptions

The aerodynamic analysis focuses on the cruise phase of the vehicle, assuming
steady conditions at Mach 3 for a 30-second test duration. The final center
of gravity, calculated as 2.293 m in the previous section and approximated to
be zero in the vertical axis from the nose, was used for all simulations. The
main goal of this analysis is to achieve the required lift for level flight while
maintaining 0◦ angle of attack during cruise. This configuration ensures stable
operation and minimizes disruptions to the test section.

3.5.5.2 Methodology and Tools

The simulations were conducted using Open Vehicle Sketch Pad (OpenVSP), a
parametric tool for aerodynamic modeling [60]. OpenVSP was used to simulate
the vehicle’s aerodynamic performance, but the test section was excluded from
the geometry due to OpenVSP’s limitation with open geometries. Despite this,
the test section’s center of gravity was included in the analysis to maintain
accuracy.
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(a) OpenVSP Model Including Test Sec-
tion

(b) OpenVSP Model Excluding Test Sec-
tion

Figure 87: Comparison of OpenVSP Models With and Without the Test Section

Figure 87a and Figure 87b show the OpenVSP models with and without the
test section, respectively. Iterative simulations were performed to ensure level
cruise at 0◦ AOA, as this configuration is critical for stable imaging conditions.

3.5.5.3 Equations

To calculate the aerodynamic parameters for the cruise phase, the following
equations were used:

1. Required Lift Steady Cruise:

L = mg (103)

where:

• L: Lift force (N),

• m: Mass of the vehicle (kg),

• g: Gravitational acceleration.

The parameters used for the lift calculation are summarized in Table 19.

Table 19: Parameters for Lift Calculation

Parameter Value Unit
Vehicle Dry Mass (m) 268.72 kg

Gravitational Acceleration (g) 9.81 m/s2

Lift Force (L) 2636.09 N

2. Lift Coefficient Equation [61]:

CL =
L

0.5ρV 2S
(104)
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where:

• CL: Coefficient of lift (dimensionless),

• L: Lift force (N),

• ρ: Air density (kg/m3),

• V : Freestream velocity (m/s),

• S: Wing area (m2).

The parameters used for the lift coefficient calculation are found in Table 20.

Table 20: Parameters for Lift Coefficient Calculation

Parameter Value Unit
Lift Force (L) 2636.09 N
Air Density (ρ) 0.07131 [62] kg/m3

Freestream Velocity (V ) 885.12 [63] m/s
Wing Area (S) 1.0 m2

Coefficient of Lift (CL) 0.0948 –

The taper ratio (λ) and the Mean Aerodynamic Chord (cMAC) are calculated
using the following equations:

3. Taper Ratio [64]:

λ =
ct
cr

(105)

where:

• ct: Tip chord length (m),

• cr: Root chord length (m).

The calculated value of λ is shown in Table 21.

Table 21: Parameters for Taper Ratio Calculation

Parameter Value Unit
Tip Chord (ct) 0.2 m
Root Chord (cr) 0.8 m
Taper Ratio (λ) 0.25 –

4. Mean Aerodynamic Chord [64]:

cMAC =
2

3
cr

(
1 + λ+ λ2

1 + λ

)
(106)

where:
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• cMAC : Mean Aerodynamic Chord (m),

• cr: Root chord length (m),

• λ: Taper ratio (dimensionless).

The calculated value of cMAC is shown in Table 22.

Table 22: Parameters for Mean Aerodynamic Chord Calculation

Parameter Value Unit
Root Chord (cr) 0.8 m
Taper Ratio (λ) 0.25 –

Mean Aerodynamic Chord (cMAC) 0.56 m

5. Reynolds Number Equation [65]:

Re =
ρV cMAC

µ
(107)

where:

• Re: Reynolds number (dimensionless),

• ρ: Air density (kg/m3),

• V : Freestream velocity (m/s),

• cMAC : Mean Aerodynamic Chord (m),

• µ: Dynamic viscosity (Pa · s).

The parameters for the Reynolds number calculation are found in Table 23.

Table 23: Parameters for Reynolds Number Calculation

Parameter Value Unit
Air Density (ρ) 0.07131 [62] kg/m3

Freestream Velocity (V ) 885.12 [63] m/s
Mean Aerodynamic Chord Length (cMAC) 0.56 m

Dynamic Viscosity (µ) 1.421× 10−5 [62] Pa · s
Reynolds Number (Re) 2.49× 106 –

The required coefficient of lift for steady cruise at 0◦ AOA is CL = 0.0948, which
ensures that the lift force matches the vehicle’s weight during level flight. The
Reynolds number for the cruise condition, calculated as Re = 2.49 × 106, was
used to set up the simulation parameters in OpenVSP.
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3.5.5.4 Results and Discussion

The results of the aerodynamic simulations are presented in Figures 88, 89,
90, and 92, showcasing the vehicle’s aerodynamic performance during cruise at
Mach 3. These figures provide a detailed analysis of key parameters, including
the pressure distribution over the vehicle’s surface, the variation of lift, pitching
moment coefficients, and the lift-to-drag ratio with angle of attack. Together,
they validate the design’s ability to achieve stable flight, maintain aerodynamic
efficiency, and meet the mission’s requirements of high-speed performance and
unpowered recovery. Each figure highlights specific aspects of the design’s ef-
fectiveness, offering critical insights into the interaction of aerodynamic forces
with the vehicle’s geometry.

Figure 88: Pressure Distribution at Mach 3

Figure 88 illustrates the pressure distribution over the vehicle’s surface during
Mach 3 cruise. The high-pressure regions, shown in pink and red, are con-
centrated around the nose cone, where the initial shock compression occurs,
and along the leading edges of the wings and horizontal stabilizers. These
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high-pressure areas are consistent with the expected regions of maximum aero-
dynamic loading. The transition to lower-pressure zones, depicted in lighter
colors, occurs smoothly across the midsection and trailing edges of the fuselage,
confirming controlled airflow over these surfaces. The uniform pressure gradi-
ents in the figure also demonstrate that the wings and stabilizers are effectively
positioned behind the primary shock wave, reducing aerodynamic interference
and ensuring stable flight conditions.

Figure 89: Lift Coefficient (CL) vs. Angle of Attack (α)

Figure 89 depicts the variation of the lift coefficient (CL) with the angle of
attack (α). The linear relationship confirms stable lift generation. At 0◦ α, CL

is approximately 0.08, which is close to the required lift coefficient of 0.0948 for
steady cruise at 0◦ α. However, further design refinement is necessary to achieve
the exact CL for better stability.
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Figure 90: Pitching Moment Coefficient (CMy) vs. Angle of Attack (α)

Figure 90 shows the variation of the pitching moment coefficient (CMy
) with α.

The negative slope of the curve indicates stable pitching behavior, primarily
due to the inclusion of horizontal stabilizers. A negative slope implies that the
aircraft exhibits restoring moments in response to changes in pitch angle: if
the nose pitches down, the negative slope causes CMy to increase, generating
a moment that raises the nose back up. Conversely, if the nose pitches up,
CMy

decreases, producing a moment that pushes the nose back down. This self-
correcting behavior is critical for static stability and ensures that the vehicle
can naturally return to equilibrium after small disturbances. At 0◦ α, CMy

is
approximately −0.04, which, while stable, is not ideal. Achieving CMy = 0
at 0◦ α is a target for improved static stability, necessitating further design
refinements and aerodynamic adjustments.

Prior simulations without horizontal stabilizers resulted in a positive slope as
shown in Figure 91, which is detrimental to static stability, as it would amplify
pitch deviations rather than counteract them.
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Figure 91: Pitching Moment Coefficient (CMy) vs. Angle of Attack (α) without
Horizontal Stabilizers

Figure 92: Lift-to-Drag Ratio (L/D) vs. Angle of Attack (α)

Figure 92 highlights the lift-to-drag (L/D) ratio across varying angles of at-
tack. The maximum L/D ratio of 5.4 occurs at 3◦ α, which aligns with effective
cruise efficiency. However, this value needs improvement to enhance the gliding
performance and extend the horizontal distance covered during the vehicle’s un-
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powered landing phase. Achieving a higher L/D ratio would ensure the vehicle
meets its operational range.

3.5.6 Conclusion and Future Work

The analysis presented in this section provides valuable preliminary insight into
the vehicle’s cruise performance, focusing on achieving stable lift and static
stability. However, further work is essential to refine the design and ensure a
holistic approach to all phases of the mission.

First and foremost, the test section must be incorporated into future aerody-
namic analyses to ensure consistency and validate the overall performance. This
step is critical to verify that the aerodynamic performance of the vehicle aligns
with the functional requirements of the test section, particularly under the con-
ditions of Mach 3 cruise.

Additionally, more detailed work is required to refine the aerodynamic charac-
teristics of the vehicle. This includes: - Conducting comprehensive drag anal-
yses, encompassing parasitic, wave, and shock drag contributions, to optimize
the vehicle’s aerodynamic efficiency across all mission phases. - Expanding the
scope of analysis to include other mission phases, such as descent and recovery,
to ensure the vehicle performs reliably throughout the entire mission profile.

The center of gravity placement must also be continually reassessed as the design
evolves to maintain static stability across different configurations and mission
phases. Iterative simulations and adjustments will be necessary to account for
design changes and payload dynamics.

On the structural front, Finite Element Analysis (FEA) must be performed to
evaluate the structural integrity of the vehicle under various loading conditions.
This will ensure that the design is robust enough to withstand the extreme aero-
dynamic forces encountered during high-speed flight and other mission phases.

While the current results establish a foundation, additional work in aerody-
namic, CG, and structural analyses is required to complete the design and pre-
pare the vehicle for its intended mission.

3.6 Landing Gear - Ruxin Zhang

Peer Reviewed by: Yancheng Ding

3.6.1 Introduction

In this project, the design goal of the landing gear was to ensure that the rocket
would be safer and more stable when it landed, thus enabling recycling. This
not only means having the ability to support the rocket’s dead weight, but also
requires that when the rocket lands on the ground at high speed, the landing
gear is able to effectively absorb and cushion the impact to avoid damage to
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the rocket structure. The design of the landing gear needs to include shock-
absorbing components, which can effectively disperse and absorb the impact
energy, thereby minimizing damage to the rocket body. Moreover, in order
for the landing gear not to take up too much space and reduce air resistance
during the launch and flight of the rocket, the design also needs to consider its
reasonable deployment and storage methods.

3.6.2 Research

I have looked up some information about the landing part of the rocket body
which is not a traditional landing gear, but a landing leg.
If our rocket is a body shape, it is difficult to control the balance of the rocket
body during landing with the traditional landing gear or the landing skid that
was designed by the design team last year, and the rocket will be easily tipped
over during the landing skid.
Referring to SPACEX’s falcon 9 rocket, their rocket is divided into two stages,
only the first stage is used for recovery, there are 4 landing legs in the first
stage, the first stage rocket needs to be flipped by the cold gas thrusters, so
that the bottom of the rocket is facing towards the earth, ready to enter the
atmosphere. At this point, the rocket’s motors perform a “return burn”, i.e.,
a re-fire, in order to adjust their trajectory and begin the return to the launch
site or landing platform [66]. Since we are a solid rocket, modeling this landing
method may require additional engines to control the landing attitude of the
rocket, making the design of the system more complicated.
If we design the landing of a rocket in the shape of an airplane, we can use the
landing gear traditionally used for airplane landing, and the main design and
deployment method of the airplane landing gear can also be used as a reference.

3.6.3 Shock Absorber

Due to the need to maintain fluid stability of the rocket in flight, the landing
gear is to be designed to be retractable in order to maintain minimum drag
during the flight of the rocket and to be deployed only during landing. Large
airplane landing gear typically consists of multiple wheels. According to last
year’s report information, the empty weight of our rocket is at 80.34kg, my
design is two wheels on one strut, this configuration is suitable for most light
weight vehicles and can provide good stability and support.
The strut portion of the landing gear is designed as an oleo strut to provide
better shock absorption. The shock strut uses two retractable cylinders, both of
which are closed at the outer ends. The top cylinder is attached to the airplane
and the bottom cylinder is attached to the landing gear. The bottom cylinder,
often referred to as the piston, is also free to slide in and out of the top cylinder
[67].
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3.6.4 Landing gear model simplification

Landing gear fitted with oleo strut can be simplified to a mass-spring-shock
absorber system, with the shock absorber acting as a spring and damper. The
tires act as springs [68].A simplified diagram of the landing gear is shown in
below figure.

Figure 93: simplified diagram of the landing gear

3.6.5 Equation and modeling of Landing gear motion

Based on Newton’s second law, the following equations can be listed to find the
resultant force and displacement acting on the airframe[68].

F1 = m1ẍ1 =W1 − F(spring)− F(damping) (108)

F2 = m2ẍ2 = F(spring, shockabsorb) + F(damping)− F(spring, tire) (109)

m1ẍ1 + k1(x1 − x2) + b(ẋ1 − ẋ2) =W1 (110)

m2ẍ2 − k1(x1 − x2)− b(ẋ1 − ẋ2) + k2x2 = 0 (111)

where:
b: Shock absorber damping coefficient
F1: Net force acting on airframe
F2: Ground reaction force
g: Gravity
k1: Shock absorber spring constant
k2: Tire spring constant
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L: Lift force acting on aircraft
m1: Aircraft mass (per landing gear)
m2: Sum of wheel, tire and axle mass
V : Aircraft vertical speed (descent velocity)
W1: Aircraft weight minus lift force
x1: Displacement of shock absorber
x2: Displacement of wheel
The model is built in MATLAB/Simulink based on the derived equation as
shown below.

Figure 94: MATLAB/Simulink mode of the landing gear

In this model, the required inputs are k1: shock absorber spring constant, b:
shock absorber damping coefficient, k2: tire spring constant, m1: fuselage mass
(for each landing gear) and V: vertical velocity of the aircraft (descent velocity).
The most important outputs are F1: net force acting on the fuselage and x1:
shock absorber displacement.

3.6.6 MATLAB/Simulink model operation

The model will be run using the following parameter data as inputs.
k1=3000N/M
k2: 5000N/M
b: 200N*s/M
m1: 27KG
V : 3m/s
The plots of F1: Net force acting on the airframe and X1: Displacement of
shock absorber are shown below.
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Figure 95: Plot of F1(net force acting on the fuselage)
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Figure 96: Plot of x1(Displacement of shock absorber)

As can be seen from these two graphs, the maximum net force acting on the
airframe by the landing gear is analyzed to be 2,290N at touchdown, and the
maximum displacement of the shock absorber (oil-pressure strut) is 0.2875m
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3.6.7 Sensitivity Study

With the values of m1 and V fixed to change b, k1 and k2 go for a sensitivity
study. The two outputs, F1 and x1, are observed by varying only one parameter
of these three at a time.The sensitivity analysis obtained is shown below.

Figure 97: sensitivity analysis

From this sensitivity analysis, it can be observed that the input design parame-
ters b, k1 and k2 are all proportional to the force F1, but inversely proportional
to the displacement of the strut x1.By adjusting these three parameters we can
trade-off the two outputs F1 and X1.

3.6.8 Self Locking Device

Regarding the self-locking result of the landing gear, I would like to use a worm
gear transmission. A worm gear transmission is a gear mechanism that consists
of two main components: a worm, which is a gear similar to a screw, and a
worm wheel, which is a gear similar to an ordinary gear whose teeth mesh with
the threads of the worm. Worm gears are used to transmit motion and torque
between two non-intersecting, non-parallel shafts, usually at an angle of 90 de-
grees. Worm gears are commonly used in applications requiring high reduction
ratios and compact designs, such as conveyors and cranes. A distinctive feature
of worm gears is that the worm can drive the worm wheel, but the worm wheel
cannot drive the worm. This feature makes them self-locking [69].

3.6.9 Selection of thread configuration

Regarding threads for gears, ISO metric trapezoidal thread is a good choice.
This thread is commonly used in mechanical systems that require efficient power
transmission, such as lead screws and main shafts. Trapezoidal threads have a
trapezoidal profile, which provides better load distribution and higher durability
than square threads. They are often used in applications that require movement
and precise positioning.[70]. I will be using ISO metric trapezoidal thread with
specification TR30*10, i.e., a thread configuration with a thread angle of 30
degrees, a major diameter of 30mm and a pitch of 10mm.
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3.6.10 Modeling of worm gears

By modeling the worm gear in Fusion 360, the worm gear is modeled as shown
in the following figures.

Figure 98: worm gear
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Figure 99: worm gear section view

3.6.11 Modeling of Landing gears

In the midterm report, it was learned that the space for storing the landing gear
was a rectangle of 0.5m*0.15m*0.1m with a volume of approximately 0.008m3.
The landing gear was redesigned according to this space limitation, and a worm
gear was incorporated as the driving device for the landing gear and also as the
locking device when the landing gear is fully vertical.
Multiple views of the landing gear fully retracted are shown in the following
figures.
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Figure 100: Landing Gear Fully Retracted Three-Dimensional View
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Figure 101: Landing Gear Fully Retracted Isometric View

As shown above, the dimensions of this landing gear when fully recovered are
500 mm in length, 140 mm in width, 100 mm in height, and the capacity of the
space it occupies is 0.007m3. It can be put into the reserved space.
Multiple views of the landing gear (with worm gear) fully retracted are shown
in the following figures.
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Figure 102: Landing Gear (with worm gear) Fully Retracted Three-Dimensional
View

Figure 103: Landing Gear (with worm gear) Fully Retracted Isometric View

Multiple views of the landing gear (with worm gear) fully deployed are shown
in the following figures.
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Figure 104: Landing Gear (with worm gear) Fully Deployed Three-Dimensional
View
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Figure 105: Landing Gear (with worm gear) Fully Deployed Isometric View

As shown above, this landing gear can be up to 800 mm long when fully deployed,
a value that can be adjusted depending on the minimum ground clearance re-
quired for the test section

3.6.12 Motor Configuration

The worm gear can be deployed by the motor driving the worm and then rotating
the worm wheel to rotate the landing gear which is expected to have a weight of
5.5kg. The landing gear requires 90 degrees of rotation to go from a horizontal
to a vertical position, and from the modeling in fushion360 it is known that
six 360-degree rotations of the worm will result in one 90-degree rotation of the
worm wheel, and this information can be used to know the gear ratio (i).
In order to analyze the RPM and output power required by the motor, it is
necessary to know the time required to deploy the landing gear. A simple force
analysis and equations to be used is shown below.
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Figure 106: Simple Force Analysis

F =W = mg (112)

To = F ∗ d (113)

i = 6/(1/4) = 24 (114)

Ti = To/(η ∗ i) (115)

ω(worm) = 2π ∗ (6/t) (116)

RPM = ω(worm) ∗ (60/2π) (117)

P = Ti ∗ ω(worm) (118)

where:
m: Mass of the landing gear in 5.5 kg
d: Distance from the center of gravity of the landing gear to the axis of rotation
of the worm wheel, in 0.062 m
g: Gravity, takes the value of 9.81m/s2

F : Turning force on the landing gear
To: Torque of the worm wheel that rotates the landing gear, in N*m
i: Gear ratio
Ti: Torque of the worm, driving the worm wheel, in N*m
η: Worm gear efficiency
ω(worm): Angular velocity of the worm
t: Time required for landing gear to be fully deployed
RPM : RPM of the motor
P : Output power of the motor
In the current worm gear design, the gear ratio is 24, according to the following
chart [71], the worm gear efficiency is about 75 percent, we need to know the
parameter t, then the RPM and the output power of the motor can be calculate.
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Figure 107: Worm Gear Efficiency

Suppose t is 3 seconds, that is, the time to fully deploy the landing gear is 3
seconds. The calculated RPM of the motor is 120 and the output power is 2.34
watts.
The above calculations are for a motor configuration when there is only one
worm gear driving the landing gear, if there are two, with one worm gear on the
left and one on the right, which is the current design, two motors are required. If
the distance from the center of gravity of the landing gear to the axis of rotation
of the two worm wheel is the same, then the torque of the worm gears needs to
be divided by two, resulting in an output of 1.17 watts per motor.

3.6.13 Conclusion

At different placement of landing gear, the distribution of fuselage mass on each
landing gear is different, so that the combined force on the fuselage and the
displacement of the shock absorbers are also different, which can be predicted
by using MATLAB/Simulink model and by adjusting the spring coefficients and
damping coefficients to get the desired output.
The current design uses a worm gear to achieve rotational deployment of the
landing gear and can stop the movement of the worm gear after the landing gear
has been deployed. Due to the nature of the worm gear transmission, the worm
wheel cannot drive the worm, so self-locking can be achieved and there will be
no movement other than the up and down linear movement of the landing gear
when it is fully deployed for landing. By knowing the required landing gear
deployment time, the RPM and power output of the driving worm gear motor
can be calculated.
In the future, the connection point between the landing gear and the fuselage
as well as the placement of the landing gear on the fuselage will need to be
studied. The above calculations of the combined fuselage force at landing, the
shock absorber displacement distance and the configuration of the drive motor
may have to be adjusted later as well
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3.7 Thermal Analysis - Yancheng Ding

Peer Reviewed by: Ruxin Zhang

3.7.1 Introduction

Thermal analysis aims to simulate, analyze and visualize the temperature changes
that occur during the entire rocket flight. In the previous year of work, the ther-
mal distribution was not analyzed due to the limit of time. This year, the goal
of the work is to analyze the temperature change within each subsystem of
the rocket body, determine the thermal deformation, and design the required
thermal control.

3.7.2 Atmosphere Modeling

For the modeling of the pressure and temperature of the atmosphere, the fol-
lowing properties are expected: ambient temperature and pressure, air density,
dynamic viscosity, and thermal conductivity. These parameters are expected to
be obtained with a simple input of altitude. The last year’s report has done
analysis and ambient temperature and pressure from 0 to 30000m altitude, and
the rest data are collected from U.S. Standard Atmosphere Supplements, 1966
[72]. For automatic analysis, a MATLAB function is written for calculating
the parameters, with altitude in meters as input and the desired parameters as
output. For visualizing the data, plots are generated for each parameter, from
height of 0 to 30000m:

Figure 108: Temperature vs Altitude
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Figure 109: Pressure vs Altitude

Figure 110: Density vs Altitude
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Figure 111: Kinematic Viscosity vs Altitude

Figure 112: Conductivity vs Altitude

3.7.3 Thermal Geometry Forming & Boundary Conditions

The geometry of rocket body is analyzed before thermal analyzing. Based on
design from midterm report [73], the outer diameter of the rocket shell is 12”
with 6mm thickness, the nose cone has an angle of 19.5 degrees, and the rest
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geometry is assumed to be the same as of sizing from midterm report [73]. The
material is assumed to be fully made of Al6061 T6, which was mentioned in
previous year’s report [1]. Based on these data, a CAD model is made for visu-
alizing the cross section view of the rocket body:

Figure 113: Cross Section View of Rocket Body for Thermal Analaysis

The surrounding pipe is the shell of the rocket body, the three blocks at the
front of the rocket body represent the front landing gear, the avionics bay,
and the battery bay. Since the designs to these parts are not done yet, they
are assumed to have the same thermal properties as of Al6061 T6 for current
simulation. The red part is the propulsion system. For current analysis, the
test section and wings are not included since they have not been fully designed.

The roughness of the rocket body surface is assumed to be 0.01mm, which is the
error of Haas DM 1 [74], the CNC machine operating at Carleton University.

During ascending, convection takes place on the outer surface of the rocket
body, including the convection between the outer surface of the rocket shell and
the atmosphere, the same for the nose cone. Conduction takes place within the
parts of the rocket body, among the landing gear, avionics & battery bay, and
the propulsion system. For both conduction and convection, the equation below
is used for calculating heat transfer:

Q̇ = hA∆T (119)

where h is the conduction/convection coefficient in unit of W/mK, A is the
surface area in unit of m2, and ∆T is the difference of temperatures between
two objects, in unit of ◦C.

During cruising, the nose cone is assumed to be fully immersed in the oblique
shock, and the propellant burns with a constant chamber temperature of 3440K
according to previous year’s report [1]. To calculate the convection process
during cruising, the following equations are used to determine heat transfer
caused by high-speed compressible flow and surface friction: [75]:

Re =
V L

µ
(120)

Pr =
µCp

k
(121)
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L
) (124)

hc = 0.5Cfρ
V 3

T∞
(125)

where:
Re: Reynolds number
V : Flow velocity [m/s]
L: Characteristic length [m]
µ: Kinematic viscosity [kg/ms]
Pr: Prandtl number
Cp: Specific heat capacity [J/g◦C]
k: Conduction coefficient [W/mK]
r: Recovery factor
Tr: Recovery temperature [◦C]
T∞: Ambient temperature [◦C]
Cf : Friction coefficient
B: Constant, equals to 20
ks: Surface roughness [m]
hc: Convection coefficient [W/mK]
ρ: Density, unit [kg/m3]
The recovery temperature, by definition, is the temperature of air flow after
impacting the object and has transferred all kinetic energy into thermal energy.
In other words, it is the temperature surrounding the surface of object during
high speed cruising. The recovery temperature is used for calculating heat
transfer during cruising.

Thermal radiation is neglected in calculating heat transfer of the rocket body.

3.7.4 Ascending & Cruising Analysis

For calculating the thermal changes on rocket body during ascending, a SIMULINK
model is established for simulating temperature variations. Three major blocks
act in the simulation: a block for calculating atmosphere conditions with respect
to altitude, which comes from the atmosphere modeling in previous content, a
convection block connected to the outer surface of the rocket body. The convec-
tion block links to the Rocket block, where it simulates the thermal conductions
take place within the rocket body. The thermal properties of Al6061 T6 [76]
and propellant [77] [78] [79] [80] are inserted as parameters. Illustration of
SIMULINK blocks are shown below:
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Figure 114: SIMULINK Blocks for Thermal Simulation

For ascending analysis, the ascending rate is stated to be between 3.5m/s to
3m/s from midterm report [73]. For worst case assumption, the ascending rate
is assumed to be 3m/s for simulating the longest ascending duration, which
indicates 7200 seconds of ascending period. The final temperature of the rocket
body, after simulating the entire ascending process, are used as the initial tem-
peratures of rocket parts for cruising simulation. The cruising period is stated
to be 47 seconds from previous year’s report [1]. For worst case assumptions,
the cruising period is set to be 60 seconds with constant speed of Mach 3. Plots
are generated below to show the temperature change of rocket parts over time
during ascending and cruising:
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Figure 115: Ascending Thermal Simulation Results

Figure 116: Cruising Thermal Simulation Results

The width of the lines indicates the error of calculation. For ascending thermal
simulation results, the nose cone results are covered by other lines. The nose
cone have the same temperatures as of rocket shell.

As viewed from the results, the avionics and battery bays dropped to -28 Celsius
degrees by the end of ascending process, and soon heated to 3000 Celsius degrees

155



due to the burning of propellant. As mentioned, the chamber temperature is
calculated to be 3440K. The rest of rocket parts are also heated to higher than
1500 Celsius degrees after the cruising process. According to the ASM Data
Sheet [76], the melting point of Al6061 T6 is 580 Celsius degrees, indicating
that the entire rocket will melt after cruising. Also requested by Xuan from
Recovery and Landing Control group, avionic and battery bays are required to
operate normally at a constant temperature of 15 Celsius degrees. Considering
these constrains, designs are done in following sections to solve the issues.

3.7.5 Insulation Layer Design

For selecting insulation material, it is required to have low thermal conductiv-
ity, high stiffness to survive under large acceleration during cruising, and good
structural integrity to cover objects with different geometry. Carbon-phenolic
composite is selected as it fulfills all three requirements above. According to re-
search [81], carbon-phenolic composite has a thickness of 0.01m for a single layer,
and thermal conductivity of 0.2W/mK. It decomposites at around 1900◦C de-
grees, but can survive shortly under 3440K [82]. For the design, two parts of
the rocket needs to be covered with thermal layers: the avionics and battery
bays, and the propulsion system. The avionics and battery system shares the
same insulation layer since they have the same requirement to temperatures,
and sharing insulation layer also reduces the mass of insulation required. The
avionics and battery bays only require minimal insulation to maintain constant
temperature, while the propulsion needs thick insulation to keep its temperature
away from other parts of the rocket.

For avionics and battery bays, they are together covered by one single layer of
insulation. For the propulsion system, it is covered 7 layers from the battery
bay, and the gap between the propulsion system and the rocket shell is fully
filled with insulation layer. The 7 layers are placed behind the battery bay,
which results in 8 layers between the battery bay and the propulsion system.
Since the thermal conductivity increases as carbon-phenolic layers compile [81],
8 layers offer the best conductivity while isolating the propulsion system from
other parts of the rocket body. An updated cross section view of the rocket is
shown below to visualize the insulation layers:

Figure 117: Cross Section View of Rocket Body with Insulation Layer

Due to the insulation layers, the usable volume is decreased, but providing extra
thermal protection. Below is the plot of temperatures after insulation layers are
added:
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Figure 118: Ascending Thermal Simulation with Insulation

Figure 119: Cruising Thermal Simulation with Insulation

The width of the lines indicates the error of calculation. Again, for the ascending
plot, the nose cone results are covered and are the same as the temperature of
shell.

By applying insulation layers, the propulsion system’s thermal effects on the
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rocket body have been minimized. During cruising, the propulsion system heats
the avionics & battery bays by increasing 0.084 Celsius degrees, which is negli-
gible.

The avionics and battery bays drops by 6.6 Celsius degrees during ascending.
Avoid temperature drop during ascending is impossible, since the surrounding
air is constantly transferring heat out of the rocket. Passive methods cannot
fully stop the temperature drop, active thermal control needs to be installed.
Therefore, a heater is needed to be inserted in the avionics and battery bays,
which is to be discussed in following section.

3.7.6 Active Thermal Control

To avoid temperature drop of avionics and battery bay, a thermal heater is to
be inserted. To determine the maximum power output of the heater, the heat
transfer of avionics & battery bays are exported and shown below:

Figure 120: Heat Transfer of Avionics and Battery Bay during Ascending

As shown in the figure, the maximum heat transfer out of the avionics and bat-
tery bay is around -50W , therefore the heater requires power output no more
than 60W . Required by Xuan from Recovery and Landing Control group, the
heater should produce minimal magnetic field during heating to reduce influ-
ence on the magnetic sensors. Metallic heaters involve coils that would generate
magnetic fields which is undesirable. Therefore, carbon film heater is selected.
Carbon film heater is thin, with a minimal thickness of 70µm [83], while generat-
ing power output of maximum 60W . Due to its material of carbon, it generates
almost no magnetic field during operating. This enables it to be placed any-
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where in the avionics and battery bay, and heats the avionics electronic devices
easily.

Simulation with heaters are updated with results shown below:

Figure 121: Ascending Thermal Simulation with Heater

Figure 122: Cruising Thermal Simulation with Heater

The width of the lines indicates the error of calculation. The avionics & battery
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system is covered by propulsion system, which is constantly 15◦C.

3.7.7 Thermal Expansion

During the entire flight of the rocket body, large thermal expansion is taking
place. Since the avionics & battery bays are at constant temperature, and the
propulsion system is also relatively stable in temperature changing, the most
deformation takes place on the nose cone and the shell of the rocket body. The
equation below is used to calculate thermal expansion [84]:

∆L = αL0∆T (126)

where:
∆L: Deformation length [m]
α: Coefficient of linear thermal expansion [m/m◦C]
L0: Original length [m]
∆T : Temperature difference [◦C]
For current design, the rocket has a length of approximately 4.2m and diameter
of 12”, and the coefficient of linear thermal expansion is 25.2µm/m◦C according
to AMS Data Sheet [76]. Therefore, the thermal deformation in axial direction
is 7mm maximum, and radial deformation is 0.5mm, both shrinking down the
length and diameter of the rocket. This could result in the airframe design,
especially in connections between the rocket shell and inner systems. It is sug-
gested to leave suitable space at the connection points to minimize the influence
of thermal expansion. Also, considering the nose cone is experiencing high tem-
perature change during cruising, it is suggested that the nose cone should not
have direct contact with the rest of the rocket body, to avoid any thermal stress
from the deformation of the nose cone.

3.7.8 Conclusion

In conclusion, the thermal simulation during ascending and cruising has been
analyzed. Thermal layers and heater have been designed for the rocket systems
to main the desired thermal stability of the rocket body. Thermal deformation
has been calculated with suggestions to airframe designers. In future work, ther-
mal analysis will be done with respect to further updates of rocket’s geometry,
with test section and wing included. Assistance on airframe design will be done
with more precise thermal stress and strain calculated.

3.8 Airframe Subteam Recap

In this section, various sections and mechanisms regarding airframe components
were analyzed. In the rocket body section, a larger outer mold was introduced
to accommodate for the schlieren imaging system, without compromising struc-
tural integrity. In addition, the previous year’s design of deployable wings was
analyzed to determine the point of which they were able to fully deploy and
under what actuation force they would be required to hold.
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In the lifting body structure design, a new proposal for a lifting body design
was introduced. This required preliminary analysis on a delta wing airfoil which
would span the airframe to produce lift. This required an analysis of drag and
lift to determine the wing area and the respective lift estimation. Analyses re-
garding the physical structure of the main lifting body airframe were performed
as well. The aerodynamics of cruise flight at Mach 3, external and internal
layout planning for different components were performed as well.

Newly developed landing gear was installed into the rocket body and the lift
body. By analyzing the landing gear shock absorbers and studying the self-
locking structure, a landing gear mechanism was designed that is retractable
and can self-lock after deployment, further improving the survivability of the
vehicle after burnout. Finally, a thermal analysis of airframes was performed
to determine the thermal deformation which would occur during flight. Using
methods of heat transfer and material skin friction, a thermal simulation was
created to model the temperature change results of the aircraft with respect
to flight time and develop methods of passive and active thermal controls to
counteract these effects.

From this information, the main goal will be to determine the applicability of
each aircraft body to the design goal of Mach 3 test section inlet velocity for
30 seconds, at 70,000 feet with the new implementation for Schlieren imaging
design. The analysis consists of the airframe shape, wing design, landing and
thermal implementations. This information will be used to weigh the benefits
of each design to present to the rocket design project team, along with their
respective research. From this, a final design direction will be concluded, and
the team can focus on more specific design goals with respect to the final aircraft
design.
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4 Propulsion & Control Systems Design

4.1 Propulsion & Control Subteam Introduction

The propulsion & control systems design section delves into the development of
an advanced propulsion system, integration of sophisticated control mechanisms,
evaluation of control surface effectiveness, and trajectory simulation. The design
process includes preliminary sizing of a solid rocket motor optimized for high-
speed and high-altitude performance, complemented by a newly developed and
validated trajectory prediction simulation. A pitch-hold autopilot system was
implemented to maintain stability during ascent and cruise phases, while also
addressing challenges encountered in last year’s design, particularly in achieving
rapid and precise convergence to the desired pitch angle during flight.

A major focus was placed on sensor calibration and data fusion, leveraging
inputs from accelerometers, gyroscopes, and magnetometers to ensure accurate
orientation and motion estimates. Techniques like Kalman filtering and comple-
mentary algorithms significantly enhance system reliability by reducing noise.
Furthermore, control systems such as the airbrakes, dedicated to active throt-
tling by increasing drag during cruise and descent, and fins, operating effectively
across subsonic, transonic, and supersonic regimes, were also refined. The fins
are the primary control surface during flight as they are used from launch to
landing, and will have to be effective in the subsonic, transonic, and supersonic
flow regimes. For a plane-like vehicle, elevons on a delta wing were evaluated
using XFLR5 simulations to assess their performance in various flight condi-
tions, especially during landing.

By integrating these technologies and control systems, this section showcases
the potential to achieve precise trajectory control and navigation, even under
demanding scenarios like supersonic trajectory adjustments and dynamic flight
conditions.

4.2 Trajectory Analysis - Ahmed Moussa

4.2.1 Introduction

Trajectory simulations are necessary to estimate and validate the overall de-
sign’s flight and thrust profiles with some degree of accuracy. In the prior year
of work on this project, a simulation was developed in MATLAB. This simula-
tion will be refered to as the legacy simulation for the remainder of this section.
A new simulation is in development with the intention of providing more ac-
curate results and resolving the shortcomings of the legacy simulation, which
will be discussed. Since a constant thrust profile and a 45o launch angle were
selected in the prior year, it is hypothesized that the rocket will closely follow
ballistic trajectory with a steeper descent relative to its ascent. The anticipated
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launch height remains at 70’000ft (21.34km) as well as the loaded rocket mass
of 253.80kg until a new mass budget is created.

4.2.2 Legacy Simulation

The rocket’s altitude and Mach profiles were estimated by last year’s trajectory
prediction simulation in early 2024. Its results, plotted in Fig. 123., indicate
that the rocket maintained an altitude between 20km and 23km during the
30s test period starting at the green line representing when Mach 3 flight is
achieved. Upon reaching Mach 3, the simulated rocket did not maintain a con-
stant speed; rather it continued to accelerate until burnout. This is undesireable
and indicates that a re-evaluation of the thrust profile is necessary.

Figure 123: Altitude and Mach profile
legacy simulation output. [1]

Figure 124: Pitch angle and Mach
profile legacy simulation output. [1]

Last year’s report [1, p.234] and the data plotted in Fig. 124 indicate that the
pitch angle remains a constant 0o once Mach 3 flight conditions are reached;
however, as seen in Fig. 123., that cannot be the case due to the significant
fluctuations in altitude. The legacy simulation’s data invalidates itself and it is
likely that the pitch was hardcoded beyond the Mach 3 point without mention.
The launch height also appears to be set to 20km which is not what was specified
in the report [1, p.13]. Retrieval control surfaces and the change in drag forces
after nose cone detachment were not considered in the legacy simulation [1,
p.241].

4.2.3 Updated Simulation

A new trajectory simulation program has been developed to replace the legacy
program. This program follows a similar solving methodology described in the
prior year’s report [1, pp.230-233]. The net forces on the rocket body are com-
puted at each time-step using Eq. (127) and (128) using a pitch angle with
respect to Earth’s normal. These forces are translated into accelerations using
the total mass of the rocket and newton’s second law of motion. Acceleration is
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integrated for velocity which is integrated for the position of the rocket through-
out its trajectory. The pitch angle is re-evaluated using the updated velocities
following Eq. (129).

∑
Fx = FT sin(ϕ)− FDsin(ϕ)− FLcos(π + ϕ) (127)∑
Fy = FT cos(ϕ)− FDcos(ϕ)− FLsin(ϕ) (128)

ϕ = ATAN2(ux, uy) (129)

The mass of the rocket changes with each time-step as fuel is burned to deliver
thrust. The mass flowrate is computed by Eq. (130) using last year’s estimated
specific impulse of 260s [85]. A simple drag formula (131) is used to compute
the drag force using an average of last year’s simulated drag coefficient and
the rocket cross-section area. Likewise, a simple lift formula (132) is used to
compute the lift force using last year’s rocket geometry to determine the lifting
area beneath the rocket. The lift coefficient required is estimated in the following
section on thrust profile evaluation. Atmospheric conditions are sourced from
the International Standard Atmosphere model.

ṁ =
FT

g0Isp
(130)

FD =
1

2
CDu

2Aref (131)

FL =
1

2
CLu

2Aref (132)

Fig. 125. contains a plot of both the newly computed altitude profile and Mach
profile. Comparing these new results with the legacy simulation results, the
altitude and Mach curves are similar prior to the rocket’s burnout; however,
the new results do not demonstrate a gradual increase in altitude post-burnout.
Due to this inconsistency, it can be concluded that the legacy simulation results
are invalid since there is no plausible explanation as to how the rocket could
overcome drag and gravitational forces without generating sufficient thrust or
lift. It is explicitly stated in the prior year’s report that lift generated by wings
and fins was not taken into account in the simulation [1, p.234], hence why lift
forces cannot explain the observed phenomenon either.

4.2.4 Thrust Profile Evaluation

As noted prior, the thrust profile must be re-evaluated due to the constant
acceleration leading to speeds far beyond the required Mach 3. Assuming the
thrust vector is level with the horizon during cruise flight, the engine needs
to generate enough thrust to offset any drag forces that would slow down the
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Figure 125: Altitude and Mach profiles determined by the new simulation.

vehicle. Lift forces from fins and wings at Mach 3 are expected to counter the
weight of the body. During cruise, a drag force of 1282 N is estimated by the
drag equation (131) using the arguments tabulated in Table 24. An equivalent
constant thrust force is needed to oppose the drag and maintain 0 acceleration.

Table 24: Drag Equation Parameters Sourced from Last Year [1]

Parameter Value
Drag Coefficient (CD) 0.905
Air Density 0.0709 kg/m3

Speed @ Mach 3 888 m/s
Cross Section Area 0.0507 m2

A larger thrust is needed prior to the constant cruise thrust to accelerate the
rocket to Mach 3. The acceleration thrust profile will be evaluated in 2025 when
details on launch rail mechanisms and forces are avaialble. In the meantime,
simulations using the cruise thrust profile for a rocket starting at Mach 3 can
provide an estimated altitude profile plotted in Fig. 126 and 127.
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Figure 126: Altitude and Mach profile
for cruise starting @ Mach 3.

Figure 127: Altitude and pitch profile
for cruise starting @ Mach 3.

4.2.5 Conclusions

The simulation demonstrates a near-constant Mach profile during cruise. The
altitude of the rocket gradually increased by 257m during the burn and another
196m post-burnout. The increase can be attributed to the decrease in fuel mass
as it is expent. The lift force which is designed to lift the full loaded weight of
the rocket remains the same while the weight of the rocket decreases, resulting
in an increasingly net positive force vertically. Whether this poses a significant
problem for the test section has yet to be evaluated.

For future iterations of the simulator, it is important to take into account in-
dividual drag components. Wave drag and skin drag tend to vary significantly
with Mach number. Furthermore, if a plane body is selected by the airframe de-
sign group, the total drag is likely to increase significantly due to the increased
surface area of the wings. The next iteration will also include forces from vehicle
control surfaces once they are defined.

The simulation will also take gravity turn into account once a rough estimate
of the vehicle dimensions is available. Gravity turn may have significant effects
on the trajectory of the rocket, especially during the early phases of the trajec-
tory where the velocity is relatively low. The rate of change in pitch associated
with gravity turn is inversely proportional to velocity as seen in Eq. (133) [85].
Consequently, the smaller the velocity, the greater the influence of gravity turn.

dθ

dt
=
ag sin θ

V
(133)

Due to the high speed involved in the simulation, it will be better to implement
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a finer explicit solving algorithm such as RK4 rather than simply minimizing
the time-step of the current forward-Euler solver. An RK4 solver will respond
to changes in acceleration more effectively and reduce the computational load of
the simulation. The effectiveness of the new solver relative to the current solver
has yet to be quantified. In the present state of the simulator, it is sufficient to
support the feasibility of the vehicle’s mission. It provides a simplified analytical
solution for the vehicle’s trajectory involving estimates of all forces acting on
the body.

4.3 Propulsion Systems - Ahmed Moussa

4.3.1 Introduction

Continuing on last year’s rocket design iteration, the propulsion system consists
of a solid rocket motor with a Rao contour nozzle. Constrained by last year’s
rocket dimensions, the combustion chamber can have a maximum diameter of
10in including a 5mm motor casing thickness. The airframe design group has
provided a rough estimate that the system must be less than two meters long
to be compatible with both rocket or plane models. The fuel composition and
grain geometry must be re-evaluated to attain the desired flight profile.

4.3.2 Engine Configuration

There are two phases of flight that require thrust: the acceleration phase bring-
ing the vehicle to a speed of Mach 3, and the cruise phase to maintain level flight
and a constant speed during the supersonic test. A uniform fuel grain profile
cannot meet the thrust requirements of both stages; therefore, a two-phase pro-
file is proposed. Illustrated in Fig. 128, the first phase consists of an annular
grain geometry. This provides a large burn surface area and consequently a
higher combustion pressure and nozzle massflow to generate thrust. This is a
progressive burn, meaning the combustion pressure increases due to the gradual
increase in surface area as the tube’s interior surface burns out. Once the first
phase has completely burned out, there is a cylinder of fuel remaining in the
combustion chamber. This is the second phase ”end-burn” configuration which
delivers a constant thrust to counteract drag forces.

Figure 128: 2D illustration of the proposed two-phase fuel grain profile.
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It is desirable that the fuel composition of both phases is identical to simplify
manufacturing processes. The end-burn and annular geometries were also se-
lected for ease of manfucaturing. There are other progressive and neutral grain
geometries which may be either more or less effective than those selected; how-
ever, they are often much more challenging to manufacture and more prone to
manufacturing errors.

4.3.3 Engine Sizing

The total thrust produced by a sounding rocket at a given altitude is defined
by Eq. (134) below [85].

FT = ṁue +Ae (Pe − P∞) (134)

In an ”ideal” performance scenario producing the most thrust possible for a
specific engine, the nozzle exit pressure is equal to the ambient pressure. This
is dangerous since any increase in atmospheric pressure during flight can yield
shocks within the nozzle, because the supersonic exhaust’s pressure will be lower
than the ambient pressure along the path of the thrust vector. To avoid shocks
caused by over-expansion of the exhaust, the nozzle is designed to be slightly
under-expanded (Pe > P∞) when operating at the test altitude of 70’000ft
(21.34km). The desired exit pressure was arbitrarily selected as 4881.5 Pa which
is 110% of the ambient pressure at the test altitude. This altitude is the ceiling
and hosts the test body for the longest time, hence why it is a critical design
point. For this reason, initial engine sizing is based on the requirements of the
cruise phase of flight. Furthermore, the acceleration grain has many more flexi-
ble parameters such as its thrust, inner diameter, and time to Mach 3 while the
cruise grain is far more rigid in terms of what’s required and possible.

The exhaust mass flowrate and velocity are represented by Eq. (135) & (136)
respectively [85]. These equations are valid for isentropic flow. The isentropic
nozzle flow assumption is supported by last year’s work which demonstrated a
2.6% difference between the thrust from an isentropic nozzle flow analysis versus
a non-isentropic simulation [1]. Provided a fuel composition and its chemical
properties, the density, ratio of specific heats (γ), gas constant (R), and flame
temperature Tc are known. To simplify the analysis, the stagnation temperature
(T0) is assumed equal to Tc. This implies no energy is lost in the combustion
process and complete combustion occurs.

ṁ =
P0At

√
γ

√
RT0

(
2

γ + 1

) γ+1
2(γ−1)

(135)

ue =
2γRT0
γ − 1

[
1−

(
Pe

P0

) γ−1
γ

]
(136)

Subsituting these equations into Eq. (134) yields Eq. (137) which has two
unknown terms: P0 and At. Nozzle exit area (Ae) is limited by the geometry
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of the vehicle. The nozzle exit diameter will be maximized to deliver as much
thrust as possible while ensuring it does not extrude out into the freestream
flow. As of the mid-year point in time, no definite decisions have been made on
the body of the test vehicle; hence the exit area of last year’s nozzle which is
constrained by a 10in diameter including a 5mm wall is used for this design [1].
While the required throat area can be plotted over various nozzle stagnation
pressures, it isn’t possible to arbitrarily select a stagnation pressure since it
depends on fuel properties and surface burn area. The following section will
expand on the stagnation pressure and further assumptions made.

FT =
2γRT0P0At

√
γ

(γ − 1)
√
RT0

(
2

γ + 1

) γ+1
2(γ−1)

[
1−

(
Pe

P0

) γ−1
γ

]
+Ae (Pe − P∞) (137)

4.3.3.1 Sizing Methodology

For preliminary solid rocket motor design, the velocity of combustion products
at the exit of the chamber are often assumed neglible. This leads to assuming
the static and stagnation pressures are equal [85][86]. Since stagnation pressure
does not change without shocks, work, or heat transfer, this assumption’s valid-
ity is reinforced by the fact that constant chamber pressure is needed to achieve
a constant thrust profile. This assumption is less stable for the increasing pres-
sure of a progressive burn during the early stages of flight.

Solving for the static combustion pressure is possible using the conservation of
mass and fuel properties.

dms

dt
=
dmg

dt
+ ṁe (138)

Equation (138) is a basic mass conservation model of the combustion chamber.
The change in solid fuel mass dms

dt as it burns is equal to the sum of the change in

gas mass within the combustion chamber dms

dt and the nozzle mass flowrate out
of the chamber ṁe. The flowrate out of the nozzle has already been represented
by Eq. (135). The solid mass change can be modeled by a simple massflow
equation (139) which relies on fuel density, geometry, and surface burn rate
ṙfuel.

dms

dt
= ρsṙfuelAb (139)

dmg

dt
= Vg

dρg
dt

+ ρg
dVg
dt

(140)

A gas’ mass change is defined by Eq. (140) where Vg is the instantaneous gas
volume and ρg is the instantaneous gas density [85]. As mentioned prior, the
pressure of the combustion chamber must be constant to deliver constant thrust.
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Referring back to existing assumptions, isentropic flow follows the ideal gas law
P = ρRT . Due to this analytical constraint and the assumption that T0 = Tc,
the change in density must be zero to maintain a constant pressure. Despite
an increase in volume as the solid fuel burns, the second term of Eq. (140) can
be neglected due to the relatively small density (ρg << ρs)[87]. In summary,
the change in gas mass within the combustion chamber is neglible and can be
negated in Eq. (138) for preliminary design work. Expanding the equation’s
remaining terms and re-arranging the equation for combustion pressure results
in the following formula:

Pc = P0 =
ρsṙfuelAb

At

√
RT0
γ

(
γ + 1

2

) γ+1
γ−1

(141)

The square root portion of this expression is solely dependent on fuel properties
and is refered to as the characteristic velocity C∗. Eq. (141) is reduced to Eq.
(142) which is identical to the combustion pressure formula specified by NATO
for preliminary solid rocket motor design [86]. While it could’ve been directly
used from [86], it is important to understand the assumptions that were used
to formulate this expression.

Pc = P0 = ρsṙfuelC
∗Ab

At
(142)

ṙfuel = aPn
c (143)

Pc = P0 =

(
aρsC

∗Ab

At

) 1
1−n

(144)

The burn rate of a fuel is proportional to the combustion pressure. The most
common approach to modeling the relationship between burn rate and pressure
is Eq. (143) where n is a unitless parameter known as the pressure exponent

and a is the temperature coefficient with units m/s
Pan [85][87]. Both parameters

are empirically determined. The pressure exponent value lies between 0 and 1.
The sensitivity of the burn rate to pressure changes increases as the pressure
exponent approaches unity. Subsituting Eq. (143) into Eq. (142) and re-
arranging the formula yields a final equation (144) for combustion chamber
pressure. Furthermore, substituting this equation as stagnation pressure into
the thrust force equation (134) leaves us with two unknowns: Ab & At. With
knowledge of the fuel’s specifications, the required throat area can be plotted
against burn area for a desired thrust.
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4.3.3.2 Fuel Selection

Following last year’s decision to use HTPB-based fuels due to their burn rate
flexibility and high energy density, the required throat area to burn area for
several HTPB mixtures are plotted in Fig. 129 using Eq. (137) & (144). Ad-
ditional parameters such as the expansion ratio and combustion pressure with
respect to the throat and burn area are plotted. All fuel properties used in Eq.
(137) are sourced from textbooks and publications [87][88].

Figure 129: Altitude and Mach profiles determined by the new simulation.

A fuel composition with 80% ammonium perchlorate (AP ) has been selected for
preliminary design work. It appears to maintain a relatively stable combustion
pressure over various burn areas; hence it offers good flexibility in its geometry
and nozzle expansion ratio if needed when solving for the acceleration burn
phase. The fuel and burn parameters are tabulated in Table 25.

Table 25: HTPB/AP-80% Fuel Properties & Parameters [87][88]

Fuel Parameter Value
Ratio of Specific Heats (γ) 1.25
Density 1855 kg/m3

Flame Temperature 3440 K
Burn Parameter
Temperature Coefficient 10.19 m/sPa0.433

Pressure Exponent 0.433
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4.3.3.3 Results

Using the maximum burn area 0.0467m2, the throat area must be 0.00293m2 to
produce 1.28 kN of thrust during the cruise phase of flight. This configuration
results yields a nozzle expansion ratio of 15.9 and a combustion chamber pres-
sure of approximately 0.28 MPa. The relatively smaller pressure compared to
last year’s design is due to the thrust being reduced to nearly 1/10th of its orig-
inal value. It is likely that the acceleration phase will have a greater chamber
pressure comparable to that of last year. Given the chamber pressure, Eq. (143)
yields a burn rate of 5.88mm/s. To meet the 28s cruise time requirement at this
burn rate, the end-burn grain must have a length of 0.1647m. At a density of
1855kg/m2, the total mass of the fuel required to maintain level flight at the
cruise altitude is 14kg.

4.3.3.4 Subsequent Design Phase

In the following capstone term, the acceleration burn profie’s geometry will be
determined and a unique fuel igniter will be designed. Analyses on the early
stages of operation post-ignition need to happen while considering the rapid
change of gas mass within the chamber. In case a reasonable acceleration burn
cannot be achieved with the current geometric constraints, Fe2O3 can be mixed
with the fuel to increase the burn rate. Furthermore, the difference between
the target exit pressure and ambient atmospheric pressure can be narrowed.
Simulations of the combustion chamber will be performed to further refine the
design considering thermal effects and non-isentropic flow.

4.4 Control Actuation System - Talha Nawaz

Peer Reviewed by: Tristan Fernandes

A Control Actuation System (CAS) is a system that integrates the actuators,
control surfaces, electronics, and mechanisms which combined provide the con-
trol for Unmanned Aerial Vehicles (UAVs). Control Actuation Systems are
commonly used in military applications, such as in the guidance of rockets, mis-
siles, munitions, and aircraft [89].

Control Actuation Systems work with 2 main actuation methods, thrust vec-
toring and fin/canard control [90]. For our Rocket Design Project, we will be
designing a fin-based CAS System based on the fins designed last year.

4.4.1 Industry Applications

There are multiple industry entities designing and producing Control Actuation
Systems worldwide, including Lockheed Martin, Raytheon, Parker US, Marotta
Controls, MPS Micro Precision Systems, and General Dynamics.
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Of the aforementioned entities, the 2 providing the most information about
their products (though still annoyingly little due to information confidentiality)
are Marotta Controls and MPS Micro Precision Systems.

(a) Marotta CAS Actua-
tor [89]

(b) Parker US 7-Inch CAS
[90] (c) MPS CAS [91]

Figure 130: CAS Systems Compared

Control Actuation Systems consist of DC Motors, speed reduction mechanisms,
ballscrew/planetary roller screws, sensors, and linkages [91].
Most Control Actuation Systems use two actuation mechanisms, rotary and lin-
ear, with rotary mechanisms exerting up to and above 6000 in-lbf and linear
mechanisms exerting up to 10,000 lbf [89].

These are the factors that are advertised in industry CAS Systems:

• Over 23 Hz response rate [89]

• High G tolerance [90]

• High temperature tolerance [90]

• No load slew rates of over 200◦/sec [89]

• Position and velocity Hall-Effect sensors [90]

• Fin angular play under 0.1◦ root mean square [91]

All of which would be imperative aspects for our design of the CAS System.

4.4.2 Work from Last Year

Last year, Zak Sultan designed the fins. They prioritized a double wedge airfoil
and clipped delta planform [1]. These are considered standard for supersonic
fins [92], with the size of the fins being constrained by the launch rails and
maximized in order to keep the small Angle of Attack (AoA) assumption valid
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[1].

One aspect that did not appear to be justified is the thickening of the root chord
of the fin as seen in Figure 131. It could be inferred that it is in order to provide
greater structural integrity to the fin. However, this would only be the case if
the fin were static and attached directly to the airframe. This is because with
or without this bulge along the chord, the fin must anyways taper down to the
same fin stem, resulting in the same load path and thus potential failure point.

Figure 131: Fin CAD [1]

The other assumptions made by Zak during their analysis include simplifying
the fins as thin flat plates, and assuming that the angle of attack during su-
personic flight is low enough to generalise airflow as parallel to the plate. Zak
also worked under the assumption of stable flight conditions, where gusts and
weather would not affect the rocket [1].

Zak’s recommendations for future work included the following:

• CFD analysis of the fins to validate fin performance

• Stability and performance analysis during landing phase

• Material selection for thermal and torsional tolerances

• Design of an actuation system

4.4.3 Lift and Drag Calculations

Using Zak’s method for calculating CL using a flat plate approximation, we get:

174



CLα
=

4√
Ma2 − 1

(145)

At Mach 3, CLα
is calculated to be = 1.41. Then, using the equation:

CL = CLα
× α (146)

We get CL to be = 0.0984 when α = 0.070 rad, or 4.0◦.

In order to test the validity of the flat plate assumption for the calculation of
CL, we will use the theoretical equation from NACA for CLα

below [93]:
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(147)

Where:

λ = Ct

Cr

A = 6S
Cr(1+λ)

ϕ = (π2 )− arctan( S
Cr−Ct

)
m = cot(ϕ)

B =
√
Ma2 − 1

k = BA(1+λ)
BA(1+λ)−4Bm(1−λ)

m′ = Bm
A′ = BA

The data in Table 26 denotes the geometry of the designed fins:
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Table 26: Fin Geometry

Dimension Meters
Root Chord (Cr) 0.508
Tip Chord (Ct) 0.127
Taper Ratio (λ) 0.25

Thickness 0.0104
Aspect Ratio 2.4

Center of Pressure x-Distance (Chord) 0.0635
Center of Pressure y-Distance (Span) 0.127

Using the Equation 147, we calculate the value of CLα
to be 1.45. At the

maximum Angle of Attack of 4.0◦, we get CL = 0.101. With a difference of only
2.8%, we can claim our value of CL to be validated.

Using the NACA maximum Coefficient of Lift, we can calculate the maximum
Lift Force (L) using the equation below:

L =
1

2
CLρV

2A (148)

Using the Standard Atmospheric Model [6], we get ρ = 0.07175 kg/m3. Using
the fin geometry, we get A = 0.0807 m2, and from the speed of Mach 3, we get
V = 887.4 m/s.

This provides us with a theoretical Lift Force of 231 Newtons, validating Zak’s
claims and providing a reference value for a free-standing fin.

The method we used for calculating supersonic drag force comes from the USAF
DATCOM report [44]

CD = CD0
+ CDL

(149)

CD0
= CDf

+ CDw
(150)

CDL
= CDi

+ CDv
(151)

CDw
=
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(152)
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where the symbols are:
CD : Total Drag Coefficient
CD0

: Zero-Lift Drag Coefficient
CDL

: Lift Drag Coefficient
CDf

: Skin Friction Drag Coefficient
CDw : Wave Drag Coefficient
CDi : Induced Drag Coefficient
CDv

: Viscous Drag Coefficient
K : Supersonic Airfoil-Based Constant
β =

√
M2 − 1 : Cotangent of Mach Angle

t : Max Thickness
c : Chord Length
t
c eff

: Effective Thickness Ratio
Sbw

Sref
: Wing Area divided by Reference Area

AR : Aspect Ratio
p : Planform Shape Parameter

πAR
CDL

C2
L

p
1+p : Output of Figure 4.1.5.2-58 [44]

From the equations 149 to 153 from [44], we reach a reasonable range of Drag
Coefficients for our Fin. The value for CD ranges from 0.15113 ≤ CD ≤ 0.2939
based on Sref . Stating that Sref is the area of the triangle that fully encom-
passes the planform, we get Sbw

Sref
= 0.93745, which gives CD = 0.2812.

Finally, using this value, we can calculate the Drag Force at Mach 3 and AOA
of 4◦to be 55.3 Newtons.

4.4.4 CFD for Lift and Drag Values

Through multiple attempts, I finally replicated Dominik’s CFD setup from last
year [1], with the settings being provided in Table 27

Table 27: CFD Free Flow Solution Settings

Settings
Steady State

Pressure Based
K-Epsilon viscosity
Energy Equation On

Air modelled as ideal gas with Sutherland viscosity
Inlet + walls as far field pressure boundaries

Rhie-Chow momentum-based method
All second order spatial discretization
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Using these values, we converge to the preliminary simulated values of FD = 43.2
N and FL = 189.2 N, and of CD = 0.22 and CL = 0.083. This results in a dif-
ference of 21.9% and 18.1 % respectively.

This difference in values can be caused by differences in what each method
accounts for. For example, the Lift Calculation 147 does not account for the
airfoil of the fin, assuming it is flat. Analytical results also do not account for
viscosity changes in the air, which are significant due to our altitude. Finally,
the effects of having a non-triangular wing, but rather a clipped delta wing,
leads to greater tip effects, which are not necessarily accounted for analytically.

Therefore, I will reattempt with the following recommendation.

Figure 132: Fin Pressure Contour

I will conduct a simulation with an annular boundary condition representing the
body tube of the rocket, allowing us to consider the boundary layer’s influence
on the fin’s control authority and effectiveness as shown in Fig 134. This is a
major factor affecting the viability of our fins as active control surfaces, as the
boundary layer may be large enough to limit our control authority.
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(a) Simplified Fin Model (b) Fin With Partial Body Tube

Figure 133: Fin CFD Models

(a) Cylindrical Fin CFD Geometry (b) Annular Fin CFD Geometry

Figure 134: Fin CFD Geometry

179



4.4.5 Fin Stem Calculations

Figure 135: Fin Center of Pressure Location

Using Table 26, we have the values of CP location for the fins as shown in 135.
Using this information, we have the moment arms through which the Lift and
Drag Forces are applied to the fin stem in Fig 136.

M = Fd (154)

Using Eq 154, we calculate the moments being applied on the fin stem to be:

MD =Mbending = (231N)(0.127m) = 29.3Nm
ML =Mtorsion = (

√
2312 + 55.32N)(0.0635m) = 15.1Nm

Applying a Safety Factor of 2, this means our fin stem must be able to withstand
torques of Mbending = 59Nm and Mtorsion = 30.2Nm.
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Figure 136: Fin Stem Dimensions

τTorsion =
rT

J
=

32rT

πD4
=

16T

πD3
(155)

σBendingMax
=
Mc

I
=

32M

πD3
(156)

V =
√
σ2
x − (σxσy) + σ2

y + (3τ2xy) (157)

Using Eqs 155 and 156 from [94], we calculate the Torsion Stress to be 15
MPa and Bending Stress to be 29 MPa. Finally, using Von Mises’ Formula for
equivalent Stresses (Eq 157), we get the Von Mises’ Equivalent Stress to be 16.3
MPa. Von Mises’ Equivalent Stress is the maximum stress withstood by a single
point of an object made with ductile material, and is used for predicting ductile
failure [94] As seen in Table 28, the fin stem is viable and feasible.

Table 28: Alloy Yield Analysis [55]

Material Yield Strength /MPa Safety Factor
Aluminium 6061-0 55 3.4
Aluminium 6061-T6 240 15
Aluminium 7075-T7 435 27

4.4.6 Actuator Requirement Calculations

From Zak’s work, we find this graph of fin deflection vs time during cruise, in
Figure 137:
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Figure 137: Fin Deflection vs Time During Cruise [1]

Figure 137 is produced under the assumption of steady flight, with no gusts or
perturbations during Cruise. Under this assumption, we can identify that the
maximum predicted angle of attack is 3.2◦. For the purposes of designing the
CAS system, it is adequate to round up to ±4◦as the maximum Angle of Attack
encountered during Cruise. This ensures that we work with the low Angle of
Attack assumption, while still providing an envelope for counteracting distur-
bances.

For the landing flight section, we have two restrictions on the maximum deflec-
tion angle of the fins. First, is a restriction of the subsonic stall angle, which for
our chosen double-wedge airfoil is over 13◦ [95]. Secondly, is the restriction of
the assumptions for subsonic fin flight performance. This assumption restricts
us to a maximum Angle of Attack of 12◦, where between ±12◦, the Coefficient
of Lift curve is approximated as linear.

From Figure 137, we also notice that the moment of maximum angular velocity
is at a time of 15 seconds. By taking the gradient of the curve at this point, we
calculate the maximum estimated angular velocity with the no-gust assumption
to be 0.084◦/second.

From industry, CAS Systems can be expected to move at angular velocities
>200◦/sec [89] while under no load. This will act as a validation for the expected
gear ratios for any given motor, where under no load:

RPMMotor/GearRatio > 200◦/sec (158)
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Table 29: Actuator Requirements

Requirement Value Source
No Load Slew Rate (ωnoload) >200◦/sec Marotta [89]
Loaded Slew Rate (ωload) >8◦/sec Pitch Hold Auto Pilot
Maximum Angular Play ≤ 0.1◦ MPS [91]

Maximum Cruise Angle of Attack ±4◦ Small AoA Assumption
Maximum Subsonic Angle of Attack ±12◦ Linear CL Approximation

Maximum Torque (τmax) 30.2Nm Max Torsion Analysis

4.4.7 Future Work

Finally, for the Winter semester, I hope to have a design for the CAS System
completed, evaluated in terms of its form factor, frequency response, angular
play, and requirements outlined in Table 29. These priorities will help to rule
out and highlight specific design choices, such as rotary and linear actuation
methods, as well as choosing gear reductions and motor specifications.

4.5 Airbrake Control System - Nevan Bulitka

Peer Reviewed by Ryan Heywood

Airbrakes are a control surface typically specific to solid rockets. They are
specifically designed to increase the drag of the vehicle to either lower the apogee.
They are often seen in hobby rocketry and student rocketry competitions where
the rocket follows a ballistic trajectory, or in this case to decrease the velocity.
Airbrakes are a flight critical system for the Rocket Propelled Wind Tunnel
(RPWT) as they are the only system capable of active throttling, in this case
by adjusting the drag coefficient.

4.5.1 Previous Years’ Work

Last year an airbrake system was proposed and designed to fit within the avion-
ics bay of the airframe. It was actuated by a NEMA 17 high torque stepper
motor with a radial deployment design. A schematic of the 2023-2024 airbrake
system can be seen in Figure 138. It is a 4 tab design, connected to the motor
via the rotating center plate and a small link. The center rotating plate has
a rotational limit of 45 degrees, where the airbrakes are at full deployment,
while at 0 degrees they are flush to the rocket body, also known as the clean
configuration.

183



Figure 138: 2023-2024 Airbrakes Design [1]

4.5.2 Current Work

An analysis was performed on the previous design that resulted in the drag
coefficient values shown in Table 30 below. Using Equation 159, drag values
were calculated and also tabulated in Table 30. Since the drag coefficients were
found for the whole vehicle, the difference in drag forces can be used as the
”braking power” of the airbrakes. Determining the braking power is critical as
it will be used to combat the variation in thrust specifically during cruise when
a constant velocity is desired and the grain is in it’s end burn.

Table 30: 2023-2024 Airbrake Effect on Vehicle Drag

Deployment Angle (o) 0 15 30 45
Cd 0.7889 0.8289 0.8665 0.8891

Drag (N) 1,195 1,256 1,313 1,343

D =
1

2
ρv2CdA (159)

Where:

ρ: density

v: velocity

Cd: drag coefficient

A: reference area

With the introduction of the new Schlieren imaging system, an increase in di-
ameter from 10” to 12” was deemed necessary for adequate space in the test
section. As such, a scaled-up version of the previous airbrake design was made.
The scaled-up version seen in Figure 139 is a preliminary design following the
same methodology as the 2023-2024 design. It allows for variable deployment
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from 0 to 45 degrees. When at full deployment, each airbrake extends, disrupt-
ing the flow, increasing the form drag.

Figure 139: Updated Airbrake Design (12” diameter)

Stagnation Pressure is the pressure measured at a point in a fluid flow at which
the fluid comes to rest. For compressible flows it can be determined using
Equation 4.5.2. [96]

Pt = p(1 +
γ − 1

1
M2)

γγ − 1(160)

Where:

Pt: stagnation pressure

p: static pressure

γ: ratio of specific heats

M : mach number

A very loose approximation of drag can be obtained by multiplying the stagna-
tion pressure by the reference area. This assumes that the streamlines end in
stagnation points along the surface of the airbrake. Evidently, this is not the
case, but for a first approximation it will suffice. The stagnation pressure at
the flight conditions and resultant drag force per airbrake is shown in Table 31.
Each tab was measured at protruding 29.9mm, with a thickness of 9.9mm, and
an arc length of 132.9mm. This resulted in an area of 3855mm2.
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Table 31: Stagnation Pressure - Radial Airbrake Drag Estimation

Stagnation Pressure (kPa) 174.5
Drag Force Estimation (N) 673

The calculated 673N drag force per tab is far above even the total braking power
calculated in Section 4.5.2 of 148N . This braking force was found as mentioned
before by the difference in drag force between the clean and fully deployed
configurations. The Cd used were found through the use of computational fluid
dynamics (CFD). One possible problem with this could be the mesh size, as it
was a 3D simulation of the whole rocket, done on a student version of Ansys
Fluent. An image of the surface mesh is shown below in Figure 140. It is
apparent that the mesh on the surface of the airbrakes is far too coarse. This
would have hindered the accuracy of the results and therefore, the braking force
calculated above.

Figure 140: 2023-2024 Surface Mesh [1] (Image: 229)

4.5.3 Alternative Design

With the investigation into an alternative airframe design underway, namely a
lifting body or blended wing, it presents the opportunity to fully redesign the
airbrake system. An ’umbrella’ style design could offer some key benefits that
the current radially deploying airbrakes lack. This variation of the airbrake
concept uses linear actuation and pushes the brakes out at an angle through
the use of a small linkage. This concept was investigated last year but was
determined to be too heavy, and complex with the linear actuation. However,
it would provide a higher braking force as a larger airbrake could be used. An
example of this airbrake is shown below in Figure 141. Although it is shown
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on a rocket body, it could be designed for installation on the upper and lower
surfaces of the lifting body as well.

Figure 141: Linearly Actuated Airbrakes [97]

An estimated drag value for the this style of airbrake was also found using
Equation 4.5.2. An arbitrary size of 15cm by 13.29cm was chosen to keep
it to the same width as the radial airbrakes, while taking advantage of the
additional space. An arbitrary 30◦ of deployment was chosen giving a total area
of 19, 935mm2, and projected area of 9, 968mm2, a factor of 2.58 times larger
per airbrake than the radial design. With a reduction from four airbrakes in
the radial design to two in the ’umbrella’ design, it still yields a 30% increase
in area. This is seen below in Table 32.

Table 32: Stagnation Pressure - ’Umbrella Airbrake’ Drag Estimation

Stagnation Pressure (kPa) 174.5
Drag Force Estimation (N) 1,740

4.5.4 CFD Comparison

In order to directly compare the two designs in more detail, they were both
analyzed using CFD, in this case, Ansys Fluent was the application chosen.
CFD uses numerical methods to solve the Navier-Stokes equations, continuity,
the energy equation, and ideal gas equations. The last two equations are needed
as the fluid is compressible, that is to say, density is not constant and constant
viscosity cannot be assumed. The Navier-Stokes equations for an infinitesimally
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small, moving fluid element are shown in Equations 161-163, for the x, y, and
z components respectfully. The conservation of mass or continuity equation,
shown in Equation 164. [98]

∂(ρu)

∂t
+∇ · (ρuV ) = −∂p

∂x
+
∂τxx
∂x

+
τyx
∂y

+
τzx
∂z

+ ρfx (161)

∂(ρv)

∂t
+∇ · (ρvV ) = −∂p

∂y
+
∂τxy
∂x

+
τyy
∂y

+
τzy
∂z

+ ρfy (162)

∂(ρw)

∂t
+∇ · (ρwV ) = −∂p

∂z
+
∂τxz
∂x

+
τyz
∂y

+
τzz
∂z

+ ρfz (163)

∂ρ

∂t
+∇ · (ρV ) = 0 (164)

Where:

ρ: density p: pressure
u: x-speed τyx: viscous stress (xz plane, in x direction)
v: y-speed f : body forces
w: z-speed t: time

∇: divergence operator V : velocity vector field

The energy equation simply states that the rate of change of energy inside a
fluid element is equal to the sum of the net flux of heat into the element, and
the rate of work done on the element due to pressure and stress forces on the
surface. It has many terms and can be found in as Equation (15.26) in [98].

To begin, three simulations were done, one with only a flat plate acting as the
rocket outer wall, a second with the radial airbrake design, and a third with
the ’umbrella’ airbrake design. All three simulations followed the same setup,
with the same sized domain, initialization, and boundary conditions. These
conditions are tabulated below in Table 33. All simulations were run up to a
maximum of 1,000 iterations, however, they converged prior to reaching that.
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Table 33: CFD Drag Analysis Settings

Steady State Inlet: Velocity
Density Based Solver Outlet: Pressure

K-Omega SST Atmosphere Side: Far Field Pressure Inlet
Energy Equation On Wall and Airbrakes: Wall
Air as Ideal Gas Second Order Spacial Discretization

Sutherland Viscosity High Speed Numerics
Solution Steering to Supersonic Residuals: 10−5

In order to determine a benchmark for the airbrake simulations, the flat plate
simulation was done first. The mesh for the flat plate is shown below in Figure
142. It is a structured mesh with 26,600 elements, a max skewness of 0.029,
and minimum orthogonal quality of 0.999, indicating a highly structured mesh.
Although not optimized with a higher concentration of cells near the wall, the
mesh size should be small enough to capture the boundary layer. Future work
would involve mesh convergence and optimization.

Figures 143-145 show the temperature, pressure, and velocity contours.

Figure 142: No Airbrake Mesh

Figures 143 to 145 show the temperature, pressure, and velocity contours. As
expected the temperature and velocity contours show little change however, the
pressure shows an increase from 4, 750Pa up to around 7, 300Pa far from the
wall.
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Figure 143: No Airbrake Temperature Contour

Figure 144: No Airbrake Pressure Contour
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Figure 145: No Airbrake Velocity Contour

Similarly, the radial airbrake design was simulated, with the mesh shown below
in Figure 146. It again is a structured mesh with 165,581 elements, with a
maximum skewness of 0.350 and a minimum orthogonal quality of 0.884.

Figure 146: Radial Airbrake Mesh

Figures 147-149, show the temperature, pressure, and velocity or the flow past
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the radially deploying airbrake.

Figure 147: Radial Airbrake Temperature Contour

Figure 148: Radial Airbrake Pressure Contour
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Figure 149: Radial Airbrake Velocity Contour

Finally, the ’umbrella’ airbrake design was simulated, with the mesh shown
below in Figure 150. It again is a structured mesh with 165,048 elements, with
a maximum skewness of 0.647 and a minimum orthogonal quality of 0.664.

Figure 150: Linear Airbrake Velocity Contour

Figures 151-153, show the temperature, pressure, and velocity or the flow past
the linearly actuated airbrake.
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Figure 151: Linear Airbrake Temperature Contour

Figure 152: Linear Airbrake Pressure Contour
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Figure 153: Linear Airbrake Velocity Contour

The CFD simulations also yielded the total drag values, which are tabulated
below in Table 34. The drag values for both airbrake systems appear far too
large than what is reasonable even with the solutions converging. Even as such,
it is apparent that the linearly actuated airbrakes provide roughly twice as much
braking force as the radially deploying system. This can be seen in the larger
wake generated and the larger amount of recirculation present with the ’um-
brella’ style airbrake. The reference depth was set correctly to 132.9mm, so the
error is unknown and must still be investigated. As expected, the temperature
at the leading edge of the linearly actuated airbrake is approximately 200oC less
than the radial deploying airbrakes. Additionally, the pressure is much lower
on the linearly styled airbrakes compared to the radial. This would allow for a
lighter and more conventional material to be used, as it would experience less
thermal and pressure loads.

Table 34: CFD Determined Drag Force

CFD Setup Drag Braking Force
Flat Plate (N) 285 -

Radial Airbrake (N) 3,600 3,315
Linear Airbrake (N) 6,500 6,215
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4.5.5 Conclusion and Future Work

With two proven viable designs, a decision must be made on which design to
continue with. The radially deploying airbrakes seem more viable for a rocket
body with its more compact shape, while the linearly deploying airbrakes appear
better suited for the lifting body as they can be located on the top and bottom
surfaces still allowing braking power, while not introducing a pitching moment.
This design decision will be made by the preliminary design review in January
2025.

Future work includes analzying the error(s) in the current CFD models to de-
termine a more reasonable drag value. Additional work includes determining
the thermal loads and forces on the airbrakes and selecting an appropriate ma-
terial. Once the airframe design decisions have been made, integration with the
airframe, and supporting systems must also be completed.

4.6 Autopilot - Tristan Fernandes

Peer Reviewed By: Talha Nawaz
Peer Reviewed By: Xuan Nie

4.6.1 Abstract

The pitch-hold Autopilot system developed for the RPWT system serves as
a critical component for maintaining stability and attitude control during the
ascent and level-flight testing regimes of the flight path. While last year’s im-
plementation demonstrated the ability to achieve pitch stability during these
conditions, it faced significant challenges in rapidly converging to the desired
pitch angle. These limitations, primarily stemming from the system’s response
characteristics and controller tuning, which is one of the goal of this semester’s
work.

Following in the steps of the prior methodology, this work addresses the limita-
tions of the modeling of the legacy Autopilot, and proposes methods to further
develop this system to accurately model forces and moments acting on the
vehicle. The method for determining the stability derivatives follows in the
steps outlined in the legacy Autopilot. Results are consistent with last year’s
report, further verifying last year’s model. However, when modeling the sys-
tem, key limitations and assumptions were noted for future improvement. This
semester’s work also utilizes the framework from the legacy Trajectory Code
as a foundation for determining Euler angles, rates and accelerations, velocities
and distances as the vehicle is traveling during its desired modeled trajectory.
Aerodynamic forces and moments are refereed directly from the legacy CFD
data, along with key lengths and masses from other sections of last year’s de-
sign [99]. To summarize, this semester’s modeling has been solely been focusing
on the design from the previous year, as information is readily available. Due
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to the various design changes proposed this semester, some work has been done
to demonstrate the effect of these proposed changes on stability and control of
the vehicle.

Improvements have been made to the proportional-integral-derivative (PID)
controller design. Specifically, the controller gains have been systematically
determined to achieve a faster, less erratic response within the short period
approximation. This ensures that the pitch angle aligns with the desired trajec-
tory for the ascent and level-flight testing conditions. Additionally, this reduces
the demand of the fin physical fin actuator, paving the road for further design
in this aspect. This iterative tuning process incorporated both numerical sim-
ulations, and trajectory and transient specific constraints to optimize system
performance.

The outcome of this semester’s work analyzes the limitations in the previous
Autopilot system the outlines the steps to achieving reliable, high-performance
attitude control, with the goal of overcoming the previous limitations and set-
tling a benchmark for future developments efforts. Additionally, effects of design
changes are addressed to ensure that the rest of the team is on the same page, as
stability and control of the vehicle is one of the critical aspects of this capstone
design project and any flight vehicle in general.

4.6.2 Stability, Control, and Equilibrium

It is important to note key definitions before proceeding in the analysis of the
Legacy Autopilot.

A body is in equilibrium when it is at rest or in uniform motion (i.e., constant
linear and angular momenta)[100]. Equilibrium can be further categorized into
the static and dynamic equilibrium:

• Static Equilibrium occurs when the body is at rest, with no net external
forces or torques acting upon it. in this state, both the linear and angular
accelerations are zero, indicating that the sum of all forces and the sum
of all torques are balanced.

• Dynamic Equilibrium occurs when a body is in motion, but its velocity
(both translational and rotational) remains constant. In this state, the net
forces and torques acting on the body are balanced, allowing it to maintain
a steady motion without acceleration. For example, an aircraft flying at
a constant speed and altitude is in dynamic equilibrium, with forces like
thrust, drag, lift, and weight perfectly balanced.

Stability is a property of an equilibrium state, where the equilibrium of a system
is deemed stable if the body, when disturbed, returns to its initial states [100].
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Stability can further categorized into static and dynamic stability.

• Static Stability refers to the initial tendency of a system to return to
its equilibrium state when disturbed. If, after a small displacement, the
forces or moments acting on the body naturally push it back toward its
original position, the system is said to have positive static stability. For
example, an aircraft that naturally aligns itself with the airflow after a
small pitch displacement exhibits static stability. The requirement for
static longitudinal stability is defined in terms of a neutral point, the
boundary between stable and unstable CG positions [100].

• Dynamic Stability refers to the system’s behavior over time after being
disturbed. A dynamically stable system not only initially moves back
toward equilibrium (indicating static stability) but also eventually settles
back into its original state without oscillating excessively or diverging. For
instance, an aircraft that experiences damped oscillations in response to
a disturbance, ultimately returning to level flight, demonstrates dynamic
stability. The requirement of dynamic stability is expressed in terms of
the damping and frequency of a natural oscillation.

Control refers to the ability to manipulate the motion or orientation of a body to
achieve a desired state or trajectory. Control systems are designed to generate
forces or torques that counteract disturbances, maintain equilibrium, or guide
the body along a specific path. Effective control relies on feedback mechanisms,
where sensors measure the current state, compare it to the desired state, and
adjust the control inputs accordingly. In the context of flight vehicles, control
surfaces like ailerons, elevators, rudders and fins allow pilots or autopilots to
manage an aircraft’s orientation and stability dynamically.

4.6.3 Axes and Notation

Figure 154 below highlights the standard notation for describing the motion and
aerodynamic forces acting on the body-axes system [101]. The body frame is
fixed to the vehicle

• The variables x, y, z represent coordinates, with the origin at the center of
mass of the vehicle [101]. The x-axis lies in the symmetrical plane of the
vehicle and points towards the nose of the vehicle [101]. The z-axis lies in
the plane of symmetry, perpendicular to the x-axis, pointing downwards
[101]. The y-axis completes the triad, pointing out of the right wing [101].

• The variables u, v, w represent the instantaneous components of linear
velocity in the directions of the x, y, z axes, respectively [101].

• The variables ϕ, θ, ψ represent the angular rotations, relative to the equi-
librium state, about the x, y, z axes, respectively [101].

• The variables p, q, r represent the instantaneous components of angular
velocity about the x, y, z axes, respectively [101]. Note, p = ϕ̇, q = θ̇ and
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r = ψ̇

• the variables X,Y, Z represent the components of aerodynamic force in
the direction of the x, y, z axes, respectively [101].

• the variables L,M,N represent the components of aerodynamic moments
about the x, y, z axes respectively [101].

Figure 154: Standard Notation For Aerodynamic Forces and Moments, and Lin-
ear and Rotational Velocities in Body-Axis System[101] - missing RPY angles.

Terminologies depicted in Figure 155, highlights the key definitions the Guid-
ance angles used for longitudinal dynamics modeling in aerospace engineering
[102]. The body frame x is pointing forward at an angle of θ from the horizon
x′, Z is pointing down at an angle of γ from the vertical inertial plane z′, and
the velocity vector v points in the direction of motion at an angle of γ from the
horizon. The pitch angle is defined by θ, the flight path angle is defined by γ,
and the angle of attack is defined by α. The Flight Path angle is defined by
the following notation, where the positive sign is used when the vehicle points
upwards, while the negative is used when the vehicle is pointing downwards:

γ = θ ± α (165)

Figure 155: Standard Notation for Aerospace Guidance Angles [102].

199



4.6.4 Linearized Longitudinal Dynamics Model

Figure 156: Standard Notation For Longitudinal Axis [101]

The foundation of the pitch-hold Autopilot system is the linearized representa-
tion of the longitudinal dynamics acting on the RPWT airframe using the short
period approximation. Dynamics about the longitudinal axis (see Figure 156)
are essential for characterizing trim maneuvers, which it critical for maintaining
level-flight conditions during testing. This is an idealization, as the position of
the control surfaces can be held fixed only to the extend of the maximum avail-
able control forces [101]. The aerodynamic forces and moments acting on the
vehicle body are determined from non-dimensional coefficients that are linear
functions of state and input variables.

Although the longitudinal dynamics of a flight vehicle are highly non-linear,
they are simplified using the small angle and small rates assumptions as shown
in the equations below:

sin θ ≈ θ, cos θ ≈ 1

θ̇ (angular rates) are small and linearization
(166)

4.6.5 State-Space Modeling

The state-space is modeled via non-dimensional variables and constant vehicle
parameters.

4.6.5.1 Constant Vehicle Parameters

Constant vehicle parameters are values inherent to the airframe that do not
change with time. These values are defined in the Table below:
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Table 35: Aerodynamic Parameters and Calculations

Variable/Calculation Value/Expression
Chord at root (wing) croot = 0.1524m
Chord at tip (wing) ctip = 0.1016m

Wingspan b = 3.5m

Chord as a function of spanwise location (wing) c(y) = croot +
(

ctip−croot
2

)
y

Wing area (S) S = 2×
∫ b

2

0
c(y) dy = 0.4445m2

Mean aerodynamic chord (c̄) c̄ = 2× 1
S

∫ b
2

0
c(y)2 dy = 0.1287m

Wing incidence angle iwing = 0.0524 rad

Aspect ratio (wing) AR = b2

S = 27.56
Leading edge sweep angle (fin) ΛLE,fin = 0.98

Taper ratio (fin) λfin = 0.25
Fin thickness tfin = 0.010m

Chord at root (fin) croot,fin = 0.508m
Finspan bfin = 0.254× 2m

Chord at tip (fin) ctip,fin = λfin × croot,fin = 0.1270m

Fin area (Sf ) Sf =
(

croot,fin+ctip,fin
2

)
× bfin = 0.1613m2

Tail arm length (lt) lt = 2.2m
Efficiency factor (η) η = 0.8

Horizontal tail volume coefficient (VH) VH =
Sf×lt
S×c̄

4.6.5.2 Transient Vehicle Parameters

To ensure consistency with last year’s Autopilot results, the values for the rocket
parameters over time were used in this semester’s modeling. It is important to
note that these values are not representative of the final design parameters, a
number of improvements can be made to the modeling of these transient condi-
tions, which will be the goal of future work. These values and the algorithm used
to calculate these values are shown in Figure 157 and Figure 158, respectively.
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Figure 157: Transient Vehicle Parameters. [99]

Figure 158: Algorithm for Transient Vehicle Parameters. [99]

Considering these results, a number of issues can be pointed out. First, the total
mass of the vehicle is not consistent with other sections of last year’s report,
which had the final loaded mass of the vehicle at 253.80, and an zero fuel
weight of 80.34 kg [99]. It is clear here that the legacy Autopilot was working
with outdated mass values. The CG (center of gravity) movement has been a
point of great concern for the Controls team, as the CG is expected to move
aft, towards the nose, as the propellant is ejected. Even following the steps
outlined in the algorithm produced inconsistent results, further questioning the
legitimacy of this transient parameter. Clearly, this is key model that must be
improved. Lastly, just observing the method of calculating the principle ’YY’
MOI (moment of inertia), clear limitations can be identified. Only the MOI of
the propellant and casing were modeled. Evaluating the transient MOI of the
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propellant is a good starting point, but only modeling the MOI of the casing
(which had a mass of 21.20 kg [99]), is not a proper representation of vehicle.
Sections such as the test section, wings and even fins are critical components
that need to be modeled as well.

4.6.5.3 Non-Dimensional Aerodynamic Force and Moment Coeffi-
cients

Referenced from CFD results of the open rocket body from last year’s work,
the non-dimensional coefficients for lift, drag and pitching moments are defined
below for changes in Mach number and changes in angle of attack.

Figure 159: Coefficient of Lift VS Mach Number. [99]
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Figure 160: Coefficient of Drag VS Mach Number. [99]

Figure 161: Coefficient of Pitching Moment VS Mach Number. [99]
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Figure 162: Aerodynamic Coefficients VS AOA - Mach 1.2. [99]

Figure 163: Aerodynamic Coefficients VS AOA - Mach 2. [99]
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Figure 164: Aerodynamic Coefficients VS AOA - Mach 3 [99]

4.6.5.4 Longitudinal Stability Derivatives

Estimates for the X,Z,M longitudinal forces and moments with respect to the
relevant variables u,w, q are covered in this section. These parameters are the
longitudinal stability derivatives, which are dimensionless, as they expressed in
terms of dimensionless aerodynamic coefficient derivatives.

Derivatives with respect to vertical velocity perturbations w are related to aero-
dynamic derivatives with respect to AOA (angle of attack), due to the small
angles, small rates assumption:

α = tan−1
(w
u

)
≈ w

u0
(167)

Axial force change with speed under constant thrust (Xu) focuses on the change
in axial force under the condition of constant thrust, highlighting its impact on
drag. It provides insight into how the rocket’s drag characteristics vary with
speed [99], [101].

Xu = − QS

mu0
(2CD0 +MCDM

) (168)

Change in the aerodynamic force along the vertical axis of the aircraft (Zu) with
respect to changes in the aircraft’s forward velocity dictates how the rocket’s
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flight characteristics change with speed, influencing its ability to maintain steady
flight and recover from perturbations [99], [101].

Zu = − QS

mu0
[2CL0

+ CZu
] (169)

where

CZu
= −CLu

(170)

Change in the pitching moment with respect to changes in the rocket’s forward
velocity (Mu) dictates how the rocket’s attitude will respond to changes in
velocity. The importance of Mu lies in its impact on the aircraft’s ability to
maintain or return to a desired flight attitude following a disturbance [99], [101].

Mu =
QSc̄

Iyu0
Cmu

(171)

Change in the aerodynamic force in the direction of the rocket’s motion with
respect to changes in the angle of attack (Xw) has direct implications for the
rocket’s ability to maintain or adjust its speed and trajectory. It affects flight
stability, control responsiveness, and the ability to maintain desired speeds and
altitudes in various flight conditions [99], [101].

Xw =
QS

mu0

(
CL0

− 2CDα

α

)
(172)

Change in vertical force with vertical speed (Zw) is significant for understanding
pitch damping and the rocket’s stability in the vertical plane, affecting how the
rocket responds to perturbations in its flight path [99], [101].

Zw = − QS

mu0
(CD0 + CLα) (173)

Change in the pitching moment with respect to changes in the rocket’s angle of
attack (Mw) quantifies the moment that causes the rocket to pitch as the angle
of attack changes. The significance of Mw is its influence on the rocket’s ability
to maintain a stable flight attitude in response to changes in the angle of attack
[99], [101].

Mw =
QSc̄

Iyu0
Cmα (174)

Change in the aerodynamic force along the vertical axis of the aircraft with
respect to changes in the pitch rate (Zq) dictates the rocket’s vertical lift and
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aerodynamic forces affected by the rate at which the aircraft’s nose moves up or
down. It affects the rocket’s ability to maintain or return to a level flight path
after a pitch disturbance [99], [101].

Zq =
QSc̄

2mu0
CZq (175)

where

CZq = −2ηVHαt (176)

Pitching moment change with pitch rate (Mq) provides insights into the pitch
damping characteristics of the rocket. High pitch damping is crucial for the
stability of the rocket’s response to pitch control inputs and atmospheric dis-
turbances [99], [101].

Mq =
1

Iy

∂M

∂q
=
QSc̄2

2Iyu0
Cmq (177)

where

Cmq = −2η
ℓt
c̄
VHat (178)

Ignoring stability derivatives that are rates of change, the longitudinal state
matrix is defined as:

A =


Xu Xw 0 −g cos(Θ0)
Zu Zw u0 +mZq −g sin(Θ0)
Mu Mw Mq 0
0 0 1 0

 (179)

Table 36: Table 4.1: Longitudinal Stablity Derivatives Summary.

Variable X Z M

u Xu = QS
mu0

[2CX0
+ CXu

] Zu = QS
mu0

[2CZ0
+ CZu

] Mu = QSc̄
Iyu0

Cmu

w Xw = QS
mu0

CXα
Zw = QS

mu0
CZα

Mw = QSc̄
Iyu0

Cmα

q Xq = 0 Zq = QSc̄
2mu0

CZq
Mq = QSc̄2

2Iyu0
Cmq

Expressions for all the dimensional stability derivatives in terms of non-dimensional
aerodynamic coefficient derivatives are summarized in the table above. Refer to
the Autopilot Appendix for the unpacking of these equations and definitions of
key parameters. Figure 165 below, shows the values of the longitudinal stability
derivatives during the 30 second level-flight testing condition.
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Figure 165: Stability Derivatives For Pitch Hold - 17 - 47 Second Burn Time.

By examining Figure 165, it is clear the most sensitive parameters are the
axial speed derivatives Xu and Xw, and the vertical speed derivative Zu. The
negative stability derivatives suggest that the system is dynamically unstable. In
the context of aerodynamics and flight dynamics, these derivatives indicate that
any disturbance in the system will grow over time rather than diminish, leading
to an unstable flight condition [100]. Positive stability derivatives indicate that
the system is dynamically stable. In the context of aerodynamics and flight
dynamics, these derivatives signify that any disturbance in the system will decay
over time rather than grow, leading to a stable flight condition [100].

4.6.5.5 Controller Effectiveness

The control matrix is defined by the forces and moments due to fin deflection.
The equations that govern the control matrix are defined below:

Zδf =
∂Cz

∂δf
(180)

Mδf =
∂Cm

∂δf
(181)

A critical limitation of the state-space model is that the system does not in-
tegrate the non-dimensional coefficients of the equations above correctly. The
method to properly model these parameters involves CFD simulation of a range
control surface deflection at various Mach numbers, as defined in last year’s
report [99], but the following assumptions were made to model these values:

Cm∆f
(i) = −2η(

lt
c̄
)VHat (182)

CZ∆f
= −CLq (i) (183)
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4.6.6 Longitudinal Performance

To evaluate the proportional-integral-derivative gains of the PID controller,
transient conditions of the system must be specified.

The table below provides the characteristics of the short period stick-fixed per-
formance of the vehicle, specifically the natural frequency and damping ratio:

Table 37: Comprehensive Dynamics Performance Analysis

Short Period
Parameter Formula Initial Value Final Value

Frequency ωnsp =
√

ZαMq

u0
−Mα 6.383 41.49

Damping Ratio ζsp = −
Mq+Mα+Zα

u0

2ωnsp
0.0171 0.0388

Frequency refers to the amount of oscillations per unit time. In the context
of aircraft stability and control, it is a measure of the period to complete one
cycle of motion. Damping ratio is a dimensionless quantity that defines the
oscillations in a system decay after a disturbance. This indicates how quickly
the flight vehicle returns to steady flight after being disturbed [99], [103].

Period of the system refers to the time it take to complete one cycle of motion.
Measured in seconds, it is inversely proportional to the frequency [99], [103].
The period of oscillation is defined by the following equation:

Period =
2π

ω
(184)

The period for the short period approximation is shown in the table below:

Table 38: Summary of Period Approximations for Short Period Dynamics

Approximation Initial Final
Short Period 0.9843 0.1514

The decrease in period for the short period approximation indicates that the
vehicle’s response to pitch disturbances improves as propellant is burned [99].

The characteristic equation for the short period longitudinal motion during the
pitch-hold condition is defined by [99], [103]:
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λsp =
Mq +

Zα

u0

2
±

√(
Mq +

Zα

u0

)2
− 4

(
Mq

Zα

u0
−Mα

)
2

(185)

The characteristic equation represents the denominator of the open loop transfer
function. The roots of the characteristic equation (λ) under the pitch-hold con-
dition represents the vehicle’s response to perturbations in pitch. Real roots rep-
resent a non-oscillatory response, which results in exponential decay or growth
[103]. Complex roots represent oscillatory responses. The real part indicates the
damping (stability) and the imaginary part indicates the frequency of oscillation
[103]. The initial and final states of the roots for the short period longitudinal
motion under the pitch-hold condition are shown in Table below.

Table 39: Longitudinal motion’s characteristic of the Short Period
Assumption

State Initial Final
Short Period −0.1092± 6.3825i −1.6104± 41.4625i

The initial roots indicate an oscillatory response due to the imaginary compo-
nent. The real portion indicates that the system tends towards stability, as
the negative sign indicates exponential decay. The final roots indicate a larger
oscillatory response due to the larger imaginary component. The negative real
portion indicates that the the system is stable and will lead to exponential decay
of pitch perturbations.

Time to half amplitude (t1/2) is a direct measure of the damping effect on the
amplitude of the oscillation over time. This highlights the relationship between
the damping coefficient and the rate of amplitude decay, with a larger damping
coefficient resulting in a faster decay [99], [103]. It is determined using the
following relation:

t1/2 =
0.69

|η|
(186)

Table 40: Time to Half Amplitude

State Initial Final
Short Period 6.321 0.4287

The initial time to half amplitude for the short period approximation is rel-
atively large, indicating a slow damping process. The demonstrates that the
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system is less efficient at dissipating energy and stabilizing within a short pe-
riod after being perturbed [99]. The final time to half amplitude indicates a
drastic damping ratio, indicating a more rapid damping of oscillations. This
demonstrates that the system is more effective at dissipating energy, leading to
a faster stabilization after perturbations [99]. The transition from initial to final
state indicates a significant improvement in the system’s damping capacity as
the propellant is burned.

Number of cycles to half amplitude (N1/2) indicates the number of oscillations
before the amplitude reduces to half of the initial value [99], [103]. It is defined
by the following equation:

N1/2 = 0.110
ω

|η|
(187)

Table 41: Number of Cycles to Half Amplitude for Short Period Dynamics

Approximation Initial Final
Short Period 6.432 2.834

4.6.7 Desired Pitch Angle Trajectory

The pitch hold autopilot is currently deriving the desired pitch trajectory from
the legacy trajectory code [99] as the reference signal. The desired trajectory is
computed based on the Euler integrator output, accounting for the 30-second
level-flight testing interval. This trajectory ensures the rocket follows a con-
trolled path while maintaining longitudinal stability. Figure 13 illustrates the
desired pitch angle in degrees during the 30-second level-flight test. These val-
ues guide the autopilot to minimize deviation from the desired state, ensuring
precision in maintaining the trajectory.

Figure 166: Desired Pitch Angle - From Legacy Trajectory Code
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The desired pitch values are tabulated and are ready to be implemented in the
Autopilot as the desired signal. Future work could aim to use the updated
trajectory code discussed earlier, as it contains more accurate flight path data
during the 30-second testing period.

4.6.8 Pitch Hold Autopilot

4.6.8.1 State and Input Variables

The state-space representation of a linear-time invariant (LTI) system is defined
below. The longitudinal plant of the state equation is represented as:

Ẋ = AX+BU (188)

And the output equation is defined as:

Y = CX+DU (189)

The state vector (X) represents the state of the system at a given time. Each
element of X corresponds to a state variable which is internal quantity of the
system such as position, velocity or acceleration. The state vector for the lon-
gitudinal plant is defined as:

X =

[
vertical velocity

pitch angle

]
=

[
w
θ

]
(190)

The input vector (U) represents the external inputs (control signals) applied to
the system. The only input vector covered in this semester’s Autopilot is the
horizontal fin deflection (δf ):

U =
[
horizontal fin deflection

]
=
[
δf
]

(191)

The state matrix (A) defines how the state variables interact and evolve without
external inputs. The dimensions are n×n, where n is the number of states. The
components of A are the stability derivatives which are defined in the subsequent
sections.

A =

[
Zw u0
Mw Mq

]
(192)

The input matrix (B) defines how the inputs influence the state variables. The
dimensions are n×m, where m is the number of inputs. The components of the
B are the actuator effectiveness which is defined in the subsequent sections.

B =

[
Zδf

Mδf

]
(193)

The output matrix (C) defines how the state variables contribute to the output.
The dimensions are p × n, where p is the number of outputs. The row vector
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[
0 1

]
selects the output from the state variables, specifically targeting the pitch

rate to be integrated into the pitch angle [99].

C =
[
0 1

]
(194)

The feedthrough matrix (D) directly relates the inputs to the outputs without
involving states. In the case of the RPWT system, D is zero because the inputs
do not directly influence the outputs without passing through the states.

D = 0 (195)

4.6.8.2 Transfer Open-Loop and Closed-Loop Transfer Functions

The open-loop (OL) transfer function takes fin deflection as an input and out-
puts the current pitch angle. The OL transfer function is represented using a
state space integrator and the short period approximation [101]. At each time
step this is calculated and thus the transfer function is time evolving [99]. The
following OL transfer function describes the relationship between the pitch angle
θ(s) and the fin deflection δf (s) [101]:

θ(s)

δf (s)
=

1

s

q(s)

δf (s)
=
[
0 1

]
(sI −Asp)

−1Bsp (196)

The transfer function q(s)
δf (s)

relates the elevator deflection to the pitch rate (q(s)).

I is the identity matrix, Asp is the short period approximation system matrix,
and Bsp is the control matrix that describes how the fin deflection influences
the state variables. The initial and final states of the governing state, control
matrices, and the pitch hold transfer function are shown in Table 42.

Table 42: Short Period Fin Deflection Transfer Function between test time
states

Equation Initial Final

Asp =

[
Zw u0
Mw Mq

]
Asp =

[
−0.2172 839.5
−0.0485 −0.0012

]
Asp =

[
−3.208 3186.1
−0.5404 −0.0129

]
Bsp =

[
Zδf

Mδf

]
Bsp =

[
−2.206
−15.087

]
Bsp =

[
−1.237
−6.375

]
θ(s)
δf (s)

= 1
s

q(s)
δf (s)

=
[
0 1

]
(sI −Asp)

−1Bsp
θ(s)
δf (s)

= −0.1509s−0.03169
s3+0.2183s2+40.75s

θ(s)
δf (s)

= −6.375s−19.78
s3+3.221s2+1722s

The closed-loop (CL) transfer function θ
θc

represents the output response (pitch
angle θ) to the command input (commanded pitch angle θc). Gθδf is the open-
loop transfer function, and δf (s) is the Laplace transform of the fin deflection
input. The term 1+Gθδf (s) represents the effect of feedback in the closed-loop
system.
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θ

θc
=

Gθδf (s)

1 +Gθδf (s)
(197)

θ

θc
=

CPID(s)Gθδf (s)

1 + CPID(s)Gθδf (s)
(198)

CPID(s) is the transfer function of the PID controller, which is added into the
CL to improve the system’s convergence to the desired Euler pitch angles. Using
MATLAB’s ’pidtune’ command, the PID gains can be determined at each time
step iteration of the state.

CPID(s) = Kp +
Ki

s
+Kds (199)

Kp is the proportional gain, adjusting the control signal in proportion to the
current error. Ki

s is the integral term, adjusting the control signal based on the
accumulation of past errors, aiming to eliminate steady-state errors. Kds is the
derivative term, adjusting the control signal based on the rate of change of the
error.

4.6.8.3 Closed-Loop Step Response

The closed-loop step response evaluates the effectiveness of the legacy Autopilot
controller PI gains in tracking the desired pitch angle trajectory. This section
also compares the behavior of the system using the improved PID controller
against the legacy PI controller, using the same transient performance parame-
ters outlined above.

Figure 167 displays the system’s response with both the legacy PI controller
and the proposed PID controller at the start of the level-flight test. The PI
controller exhibits erratic oscillations due to insufficient damping, failing to set-
tle quickly into a stable trajectory. In contrast, the PID controller introduces a
derivative term that actively damps these oscillations. While there is a slightly
larger overshoot in the pitch angle initially, this is followed by rapid convergence,
highlighting the PID’s capability to achieve faster and more stable settling be-
havior.
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Figure 167: Comparison of PID and Legacy PI controller Step Response - Initial
State.

For the final state of the level-flight interval, Figure 168 similarly shows the
enhanced performance of the PID controller. The PI controller continues to
display instability, with oscillations persisting across the duration. However, the
PID controller, even as the system parameters evolve due to transient effects
(e.g., fuel burn, CG shift), maintains its damping characteristics, providing
consistent control performance. This reinforces the conclusion that the PID
controller is more robust under varying flight conditions.

Figure 168: Comparison of PID and Legacy PI controller Step Response - Initial
State.

While the PID controller significantly improves stability compared to the legacy
PI controller, the response in the final state remains choppy. This is due to the
dynamic variability of the system. As the vehicle progresses through the level
flight path, changes in mass distribution, center of gravity (CG), and aerody-
namic parameters influence the stability derivatives. These transient variations
reduce the effectiveness of the fixed PID gain values used in the step input val-
idation. Specifically, the derivative term can overreact to sudden changes in
state variables, causing residual oscillations.

To improve this response is proposed to employ a similar gain scheduling strat-
egy as last year, which adjusts the PID parameters based on real-time flight state
data, such as Mach number, angle of attack, and mass distribution. Addition-
ally the transient model can be refined to include comprehensive aerodynamic
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effects and control surface interactions, providing a more accurate basis for the
controller design.

Figure 169: PID Step Response.

4.6.9 Conclusion and Future Work

This semester’s work has focused on the analysis and refinement of the pitch-
hold autopilot system, addressing the limitations of the legacy design while
proposing critical improvements. The longitudinal dynamics model, rooted in
the short-period approximation, provides a foundation for understanding the
stability and control characteristics of the vehicle. By integrating transient do-
main characteristics and the trajectory-based desired vehicle pitch angles for
level flight into the MATLAB-based autopilot code, the system must dynami-
cally schedule PID gain coefficients to improve its response to changing flight
conditions. The results demonstrate that a well-tuned PID controller signifi-
cantly enhances the dynamically unstable response of the legacy PI design.

However, this semester’s work also highlighted key challenges. The current con-
trol efficiency expressions, derived from theoretical models, fail to capture criti-
cal aerodynamic effects such as turbulence and downwash, limiting the accuracy
of the state-space representation. Similarly, transient parameters like the center
of gravity and moment of inertia remain inadequately modeled, which affects
the precision of system predictions and controller performance. The findings
from the step response analyses underscore the need for gain scheduling and po-
tentially more advanced control methods to address the vehicle’s time-varying
dynamics.

Future efforts must focus on refining the state-space model with CFD-derived
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data to account for the complexities of aerodynamic interactions, validating the
updated models through simulations and experimental testing, and integrat-
ing these improvements into a comprehensive design framework. By addressing
these areas, the goal of the Autopilot system is to achieve the reliability and pre-
cision required to meet the vehicle’s stability and control demands throughout
its testing flight regime. Additionally, as roll and yawing moments of the vehi-
cle become more available, the Autopilot system could expand to a longitudinal
and lateral model with the goal of simulated response using Matlab’s Flight
Gear software. This work serves as a step forward in achieving a robust and
high-performance control system, setting the stage for further advancements in
subsequent design iterations.

4.7 Lifting Body Control Surface Design - Lucas

This section of the midterm report focuses on the continued development of the
control surfaces design of the lifting body. Following feedback from the previous
report, additional analysis was performed on XFLR5 elevon simulations to eval-
uate their effectiveness under various operational conditions. The simulations
were expanded to assess elevon performance in an envelope of speeds to com-
pare with landing speeds, where control surface responsiveness and stability are
critical. These findings provide deeper insight into the aerodynamic behaviour
of the delta wing design and highlight refinements to ensure reliable control and
maneuverability throughout the mission profile. This section will also present
the CAD elevon design, which will be used in the CFD analysis. The same
wing size and elevon configuration will be applied and compared with XFLR5,
in addition to evaluating elevon effectiveness at supersonic speeds.

4.7.1 XFLR Design

It is important to note that these values are likely to change significantly once a
lifting body design is introduced between the two delta wings. XFLR is limited
to wing analysis and does not account for the effects that the aircraft’s body
would have between the wings. This is precisely why more accurate pitching
moment calculations can be obtained through CFD simulations using a detailed
CAD model. For now, values expressed in this section of the report will act as
what we can expect at such airspeeds. Various revisions of the wing design were
analyzed using XFLR5 to optimize the delta wing for the project’s requirements.
Initially, Revision 1 utilized a generic delta wing shape and size of 3.5m² with
minimal information regarding the necessary wing area, as detailed in the Fall
Midterm Report [1]. Following further analysis, the airframe design team for the
lifting body determined an approximate target wing area of 0.5 m², prompting
an XFLR5 elevon performance evaluation based on this specification, designated
Revision 2. However, subsequent assessments revealed that this wing area was
significantly underestimated. Ultimately, the wing design group finalized a wing
area of approximately 2 m², which was incorporated into the design of revision
3 to reflect the corrected specifications accurately. The third revision was also
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further analyzed based on its simple triangular shape which will be a good
starting point to analyze effectiveness rather than on a complex shaped delta
wing. These results will be compared with CFD simulations later on. The
following revisions can be seen in Figure 170
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(a) Revision 1 (b) Revision 2 (c) Revision 3

Figure 170: Evolution of Wing Design Revisions Over Time.

4.7.1.1 Geometrical Specifications

Continuing analysis on revision 3, the exact specs of the shape and elevon size
can be displayed in the table below.

Table 43: XFLR Geometrical Specifications

Specification Value Unit

Wing Span 2 m
Chord Length at Root 2 m
Exact Wing Area 2.2 mˆ2
Aspect Ratio 1.81 -
Elevon chord (% of Wing Chord Length) 20 %
Elevon Span (% of half a Wingspan) 80 %
Airfoil (NACA number) 0009 -

The elevon chord was set to 20% of the airfoil chord, as XFLR5 defines flaps
as a percentage of the airfoil chord. While this approach is sufficient within
the constraints of XFLR5, future CFD analyses will allow for more precise
geometric lengths using CAD software. The elevon span was chosen as 80%
of half the wingspan, drawing inspiration from historical supersonic aircraft
such as the SR-71 Blackbird [104]. It is important to note that these initial
elevon dimensions are subject to change as they are based on historical aircraft,
as further analysis of elevon effectiveness is conducted, it will be adjusted to
enhance overall efficiency. The wing area is slightly larger due to the gap between
the two wings needing to be created to allow the elevons to deploy correctly and
separate from each other.
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Finally, the airfoil to be chosen was a symmetrical teardrop airfoil NACA 0009
to simplify our analysis for preliminary control surface effectiveness. Airfoil
Selection from the airframe team will impact results however for now, the pri-
mary objective of the XFLR5 design is to ensure that the elevons are effective,
with particular emphasis on their performance at lower speeds, such as during
landing.

4.7.1.2 Environment Specifications

Table 44: XFLR Environment Specifications

Specification Value Unit

Altitude 200 m
Density 1.202 kg/mˆ3
Kinematic Viscosity 1.484e-05 mˆ2/s
Re Number 2,915,190 -

For the landing environment, an altitude of 200 meters was selected based on
the 30-meter altitude above the CFB Valcartier ASL (168 meters)[105], with
the assumption that the testing airspace is located near Ottawa. The figure
below shows the clean configuration of the delta wing at an angle of attack
(AOA) of 1 degree. One degree is chosen as a baseline for this analysis because
a teardrop airfoil generates no left at 0 AOA, This behaviour is comparable to
that of high-speed aircraft, which generate minimal lift at lower speeds where
there wings must maintain a specific angle of attack (AOA) to produce sufficient
lift. This concept is called the angle of incidence, where the wing relative to the
aircraft body is at an angle to generate the required lift. As a result, analyzing
controls at these speeds at AOA 1 can provide valuable insight into the likely
configurations and performance of the elevons when deflected at low speeds,
particularly under conditions where the AOA is not fully zero.

Figure 171: Clean configuration at AOA 1 degree
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(a) Deflection down

(b) Deflection up

Figure 172: Deflection 10 degrees at AOA 1 degree

As seen from Figure 172 above, elevons effect pitch by creating a change in
lift by changing the camber of the airfoil shape. When the elevons are deflected
down the lift is increased as well as the center of lift moving further rearwards, as
a result creating a large pitching moment downwards about the center of gravity.
The lift can be visualized from the green lines, while downwash outlined in red,
The downwash also contributes to pitch by pushing air flowing over the wing up
or down, increasing the total pitching moment. A pitching moment coefficient
table can be seen below with corresponding pitching moments assuming an
approach speed of 100m/s. The next section will go into detail about pitching
moment coefficients, it is important to note that C of G for these simulations
was set to roughly 0.3 meters ahead of the aerodynamic center at AOA 1 degree.
This was done to ensure stability as the wing would tend to pitch down slightly
with 0 deflection.
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4.7.1.3 Elevon Effectiveness (pitch)

Elevon Deflection (°) Pitching Moment Coefficient (Cm) Moment (Nm)

-10 -0.124 780
-5 -0.065 450
0 -0.006 120
5 0.054 -200
10 0.112 -500

Table 45: 100m/s Pitching Moments for Elevon Deflection at AOA = 1°

Table 45 demonstrates the effectiveness of elevon deflection at approach speed,
where (-) value of deflection represents downward deflection and (+) value repre-
sents positive deflection. (-) for pitching moment coefficient indicates downward
pitch and (+) indicates upward pitch. We will maintain this sign convention to
ensure consistency with future work. The table above also shows that pitching
the aircraft down will be slightly more sensitive than pitching up due to being
larger in absolute value compared to the opposite pitching up. This is likely a
result of the wing operating at an angle of attack (AOA) of 1 degree, a subtle
effect stemming from the wing’s non-zero angle of incidence. It is important to
note that the pitching moment coefficient is unaffected by change in airspeed
and moment is a function of airspeed as illustrated in the graph below. This
helps illustrate that during approach control surface effectiveness will deplete.

Figure 173: 10 Degrees Deflection Down Bending Moment vs Span at Various
Airspeeds
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Figure 174: Elevon Deflection Rolling Left at 7.5 degrees

4.7.1.4 Elevon Effectiveness (Roll)

Regarding roll moments, the following coefficients can be expressed in the table
below at the same landing environment.

Elevon Deflection (°) Rolling Moment Coefficient (Cl) Moment (Nm)
5 0.016 385
7.5 0.024 577

Table 46: 100m/s Rolling Moment Coefficient (Cl) and Corresponding Moments
for Different Elevon Deflections at AOA = 1

Cl, not to be confused with lift coefficient CL, is the longitudinal moment coef-
ficient. The value was computed by XFLR which was used to calculate the roll
moment (L) using the equation below [106]:

L = cl · q · S · b (200)

Where
• L: Rolling moment (Nm),

• cl: Rolling moment coefficient,

• q: Dynamic pressure ( 12ρV
2),

• S: Wing planform area (m2),

• b: Wingspan (m).
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The pressure distribution is observed to be uneven on either side, primarily due
to the 1-degree angle of attack. However, this asymmetry does not adversely
impact the pitching moment, indicating that pitch remains unaffected by roll
in this instance. Further CFD analysis will be conducted to confirm whether
this trend persists. These results are identical in magnitude for either roll di-
rection, and have similar characteristics to pitch as airspeed is reduced. This is
illustrated in the figure below

Figure 175: Elevon Deflection Rolling Left at 7.5 and 5 degrees

This demonstrates the effective force generated by the elevons increase by air-
speed like that of pitch. The trendline equations for the rolling moment as
a function of airspeed indicate a quadratic relationship between the airspeed
and the rolling moment for different elevon deflections. For a 7.5-degree elevon
deflection, the rolling moment increases with airspeed according to the equation

L = 0.0577x2 (201)

while for a 5-degree deflection, the relationship follows

L = 0.0385x2 (202)

This suggests that at higher airspeeds, the rolling moment grows more signif-
icantly for larger elevon deflections. The quadratic nature of these equations
reflects the increasing sensitivity of the rolling moment to changes in airspeed,
which is typical in aerodynamic behavior, as the dynamic pressure (q) rises with
the square of the airspeed. This is also applicable to pitch and also indicates
small deflections will likely be sufficient for maintaining pitch at supersonic
flight. With (q) being represented by the equation below[106]:

q =
1

2
ρv2 (203)
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4.7.2 Elevon CAD

before CFD analysis to take place, a 3D model of the delta wing will need to
be made with elevons modeled at different deflection angles.

(a) 30 degrees up

(b) 30 degrees down

Figure 176: Delta Wing Cad With Elevon Deflection

As seen in Figure 176, the elevons resemble that of the XFLR wing, they are
taken to have the same area and same elevon size which is at the moment going
to be modeled as square to simplify the CFD analysis, later its taper can be
adjusted for different performance. Their size is roughly 0.21m by 0.69m and
will be adjusted once aerodynamic forces are calculated from CFD analysis. The
deflection angle maximum differs from previous XFLR analysis as the software
was limited to smaller angles. CFD analysis will be able to find forces from
higher deflection.

To make the pitching moments more accurate to what can be experienced on
the lifting body design, a preliminary body has to be placed in between the
two delta wings so pitching moments calculated in CFD will be applicable to
our design. Pitching moments calculated on a symmetrical delta wing shape
will not be accurate without including forces created by the lifting body. The
second revision of this cad can be seen below with a basic lifting body shape
for preliminary analysis. It consists of a half-cylindrical shape, flat body, and
pointed nose. Dimensions of this can be adjusted as needed, and the test section
can be incorporated later on for more detailed analysis. The described cad model
can be seen in Figure 177 on the following page
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(a) Rear View

(b) Front view

Figure 177: Delta Wing Cad With Lifting Body

4.7.3 Subsection Conclusion

Future work will focus on analyzing this CAD model to evaluate elevon effec-
tiveness with greater accuracy, particularly at supersonic speeds. The objective
is to develop a preliminary assessment by late January, at which point it will
become clear whether sticking with the elevon-delta wing configuration is feasi-
ble or if it requires a significant rework. This analysis will play a crucial role in
determining whether the the preliminary design review will recommend contin-
uing with a lifting body design or reverting to the rocket design from previous
years.

4.8 Recovery and Landing - Xuan Nie

4.8.1 Summary

This section demonstrate a vehicle guidance and recovery system designed to
ensure accurate navigation toward a waypoints using advanced control tech-
niques. To achieve reliable and precise guidance, the system will integrate mul-
tiple control methods, including waypoint navigation, glide slope management,
and sensor fusion. In this semester the focus is on the sensor fusion part of the
flight control about how it was implemented, relate methods and calibration
methods.

4.8.2 Introduction

In this report, various sensors are used for attitude detection to obtain accurate
position data. Raspberry Pi Pico is used as a test platform for the primary
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flight control computer and preliminary design of the flight control system.
Components include MPU6050 IMU, HMC5883L magnetometer and BMP280
pressure sensor, Neo 8M GPS. The system is designed around the Raspberry
Pi Pico microcontroller, which interfaces with multiple sensors to provide data
for sensor fusion. Pi Pico collects sensor readings, executes AHRS algorithms,
and derives metrics such as pitch, roll, yaw, and orientation in the form of
quaternions.

4.8.3 System Overview

Microcontroller (Raspberry Pi Pico):

• The Raspberry Pi Pico acts as the central processor, completing data
acquisition from all sensors via GPIO pins (I2C).

• It powers and communicates with each sensor, integrating and processing
data to calculate pitch, roll, yaw, and orientation.

Figure 178: Pi Pico[107]

Inertial Measurement Unit (MPU6050):

• The MPU6050 integrates a 3-axis gyroscope and a 3-axis accelerometer,
enabling the system to measure three-dimensional orientation and motion.

• The sensor provides real-time feedback on dynamics such as pitch, roll,
and yaw.

Magnetometer (HMC5883L):

• The HMC5883L is a 3-axis digital compass that provides orientation data
relative to the Earth’s magnetic field.

• It complements the IMU by adding highly accurate magnetic field ori-
entation information, helping to calibrate the gyroscope bias for greater
accuracy.
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Pressure/Temperature Sensor (BMP280):

• The BMP280 records atmospheric pressure and temperature, allowing al-
titude to be calculated from pressure changes.

• Also used to provide ambient temperature data, which can also be used
for sensor calibration adjustments.

• Not currently integrated into the system; integration planned for next
semester to facilitate altitude calculations.

Global Positioning System (Neo M8N):

• The Neo M8N GPS module provides latitude, longitude, and time data
for location tracking.

• Combined with direction and altitude readings, GPS data enables posi-
tioning, allowing the system to plot its current position and movement.

• Not currently integrated into the system; integration planned for next
semester to provide altitude, position, and fusion with IMU data for in-
creased accuracy.

This setup is an initial prototype of a navigation sensor system for testing. While
functional, its accuracy is limited by the the precision of the current sensors.
To get more precise measurements, a higher-quality sensors are required.

Figure 179: Pico assembly

4.8.4 Simulink Setup

The sensor fusion system was designed in Simulink, using the Sensor Fusion and
Arduino libraries along with the hardware listed. We used I2C communication
so Simulink can read sensor data in real-time and process it further. The next
section gives a brief overview of each Simulink component and what it does.
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Figure 180: Pico assembly

The I2C write block is used to initialize the sensor, by writing configuration
data to the sensor, which is used to enable data collection. Depending on the
values written to the sensor registers, various configurations can be used by
defining the maximum measurement range and sensitivity of the accelerometer
and gyroscope. Provides the flexibility to modify the sensor configuration based
on specific mission requirements. For current design, the maximum range of the
accelerometer is configured to ±4g, and the maximum range of the gyroscope is
set to ±500°/s. For future calculations of acceleration and turn rates for rocket
designs, the maximum range may change.
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Figure 181: I2C Write

The I2C Read block check live data from the sensors and passes the readings
to a sensitivity block, which converts the raw data into the correct units. As
incorrect units will cause error in futher calculations. For computation in the
AHRS (Attitude and Heading Reference System) algorithm, the input data must
follow the correct units:

• Meters per second squared (m/s²) for acceleration.

• Radians per second (rad/s) for angular velocity.

• Microtears (µT) for magnetic field strength.

The matrices in this figure represent calibration values, which will be explained
in detail in the MAG/IMU Calibration section.
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Figure 182: I2C read

The conversion formulas required to convert the raw data into the correct units
based on the manufacturer’s sensor datasheet are shown in Table 1.

Table 47: Data conversion

Sensors Conversion

Accelerometer
(

1
8192

)
× 9.81

Gyroscope
(

1
65.5

)
×
(

π
180

)
/3.6

Magnetometer 0.092
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4.8.5 MAG/ IMU Calibration

It is necessary to calibration of magnetometers and inertial measurement units
(IMUs) for provide accurate and consistent sensor data. External sources like
ferromagnetic materials, can cause measurement errors. or electrical cables
near sensor that disrupt the magnetic field, as well as inherent flaws in the
sensor itself. Magnetometers have two main error sources: hard and soft iron

effects. Since the Earth’s magnetic north should always be the strongest mag-
netic field, a magnetometer should ideally generate readings of perfect sphere
in three dimensions. However, in practical settings, external sources magnetic
disturbances always affect sensor readings, producing an ellipsoidal form as op-
posed to a spherical one.

Figure 183: Ideal magnetometer data[108]

233



Figure 184: Real-world magnetometer data[108]

To address these distortions, a calibration model is used to adjust the magnetic
field measurements in three-dimensional space. This model is expressed as:

mcal = A · (mraw − b) (204)

Where mcal is the calibrated magnetic field vector, and mraw is the raw mag-
netometer reading vector, comprising measurements along the three axes.

mraw =

mx

my

mz

T

(205)

b⃗ is the hard iron bias vector, representing the constant magnetic offset along
the x, y, and z axes.

b =

bxby
bz

T

(206)

A is the soft iron correction matrix, which is a transformation matrix used to
reshape the ellipsoid into a sphere:

A =

a11 a12 a13
a21 a22 a23
a31 a32 a33

 (207)
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After applying the calibration model, the corrected magnetometer reading should
ideally form a perfect sphere.

mfinal =

a11 a12 a13
a21 a22 a23
a31 a32 a33

mx − bx
my − by
mz − bz

 (208)

Where A and b represent the calibration factors derived from sensor readings.
The calibrated result is:

mcali =
[
m′

x m′
y m′

z

]T
(209)

4.8.6 Calibration Procedure

In order to properly calibrate the magnetometer, the first step is to collect
raw data by rotating the sensor in all possible directions to fully capture the
magnetic field distortion. The following image shows the IMU data analysis
setup in Simulink using the To Workspace block. Once data is recorded from
all directions and Stop is pressed in Simulink, the data from all sensors will be
saved and can be used for future analysis using Magneto software.

Figure 185: IMU Data Logging
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Figure 186: Recorded data

The calibration parameters are determined by Magneto software developed by
Sailboatinstruments (Figure 10), which calculates the hard-iron and soft-iron
correction factors. This process is applicable to both magnetometers and ac-
celerometers, as they are similar. Once the calibration is complete, its effec-
tiveness can be assessed by comparing the raw and corrected data using the
Python plotting tools in Figures 11 to 19. However, to ensure the accuracy of
the calibration values, the sensor outputs must be tested in Simulink to verify
that all readings correspond to expected values.
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Magnetometer:

Figure 187: Magnetometer calibration values

Figure 188: XY magnetometer data
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Figure 189: YZ magnetometer data

Figure 190: XZ magnetometer data
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Figure 191: 3D magnetometer data

Accelerometer:

Figure 192: Accelerometer calibration values
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Figure 193: XY accelerometer data

Figure 194: YZ accelerometer data
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Figure 195: XZ accelerometer data

Figure 196: 3D accelerometer data
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The graph highlights the difference between calibrated and uncalibrated
data. The uncalibrated magnetometer data (shown in blue) shows the
effects of hard and soft iron distortion, as indicated by the deviation from
the origin zero point and the deformation of the spherical data into an
ellipsoid. After applying the calibration parameters, both the magne-
tometer and accelerometer data are closer to the ideal spherical shape,
which improves the accuracy of the system orientation. However, there is
a significant error between the raw and calibrated data. To ensure that
all sensors are outputting meaningful readings, all sensors must be tested
in Simulink.

Figure 197: Calibration for IMU/MAG

The calibration of the accelerometer and magnetometer is done using a
combination of offset correction and matrix multiplication[109], as shown
in Figure 20. The raw sensor readings (D) are first adjusted by subtract-
ing the bias (b) to correct for static offsets. This adjusted value is then
multiplied by the calibration matrix (A) to account for scaling and align-
ment errors, resulting in the calibrated output (C). This approach ensures
that both hard iron (bias) and soft iron (scaling and alignment) effects are
properly corrected.
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Gyro:

Figure 198: Calibration for gyro

The gyroscope calibration was performed by simply subtracting the ob-
served error from the raw data, as the error is primarily a static offset that
does not change with the sensor’s orientation.

4.8.7 Calibration Testing

During the calibration test, the sensor was slowly rotate in Z axis for a full circle
while recording all data in Simulink for analysis.
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Magnetometer:

Figure 199: Calibrated magnetometer

Figure 200: Uncalibrated magnetometer
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Figure 201: Orientation using AHRS

Figure 202: Compass comparison
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From Figures 22 and 23, the calibration significantly improves the ac-
curacy of magnetometer readings. In the calibrated plot (Figure 22), the
data closely aligns with the expected ranges for all axes, reflecting a proper
spherical distribution. On the other hand, the uncalibrated data (Figure
23) is consistently offset below zero and never reach above 0, which indi-
cating there is offset of hard and soft iron effect that make the uncalibrated
data useable for real-world applications.
Figure 24 demonstrates orientation tracking using the AHRS filter, pro-
viding a 3D visualization of orientation where the axis pointing north.
Figure 25 compares the magnetometer-based compass reading to a phone
compass, confirming that the calibrated system provides reasonable re-
sults.
The calibration process effectively adjusts the magnetometer output, mak-
ing it reliable for use in positioning and navigation systems. However,
some noise and errors still persist, showing the potential for further opti-
mization using filters and better sensors.

Accelerometer:

Figure 203: Calibrated accelerometer
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Figure 204: Uncalibrated accelerometer

From Figures 26 and 27, the calibration process significantly improves the
accelerometer readings. In the calibrated plot (Figure 26), the data shows
an expected value of 9.81 m/s² for acceleration on the Z-axis, while the X
and Y axes show values closer to zero, in an ideal situation.
In contrast, the uncalibrated plot (Figure 27) shows the Z-axis output at
approximately 11 m/s², significantly offset from the expected value, and
other axes are less accurate as well. While calibration has improved accu-
racy, small errors remain in the X and Y axes since they are not zero all
the time. This is likely due to the sensor not being in a perfectly centred
rotation axis and the lack of data points during the recording process.
As illustrated in Figures 16 to 19, precise calibration requires more data
points and additional testing to further reduce errors.
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Gyro:

Figure 205: Calibrated gyro

Figure 206: Uncalibrated gyro

From Figures 28 and 29, the gyroscope calibration appears to perform well
enough. Most axes are close enough to near-zero values and the Z-axis
shows correct angular acceleration, while the X and Y axes remain closer
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to ideal values. Despite the calibration improvements, the data still con-
tains significant noise, making it unsuitable for long-term operation
This issue is likely caused by sensor limitations and environmental noise.
To address these problems, higher-quality sensors with additional signal
processing techniques, such as implementing a high-pass filter will be con-
sidered in the next phase of development. These adjustments aim to
improve the accuracy and reliability of the gyroscope data.

4.8.8 Sensor Fusion

In designing rocket propulsion and wind tunnel systems, sensor fusion is essen-
tial for measuring orientation and motion due to the limitations of individual
sensors. While sensors like the IMU, magnetometer, and GPS provide valuable
data to flight computers, each sensor has its limitations. For instance, GPS
only offers location information and often has a margin of error of a few me-
ters, causing slight shifts in location that may confuse the flight computer. Or
accelerometer can provide pitch and roll angles, it may misinterpret accelera-
tion as a change in angle, leading to incorrect pitch commands and potential
errors. Sensor fusion addresses this by integrating data from multiple sensors.
For example, motion data from the IMU and magnetometer can be compared
with GPS readings, helping the system distinguish between actual movement
and sensor error. Using an accelerometer and gyro combine to determine if the
acceleration is from a change in angle or velocity. Sensor fusion also reduces the
effect of noise, allowing the system to filter out sensor noise and validate data,
preventing errors from external factors. Additionally, if one sensor fails, other
sensors can still supply information to determine the vehicle’s orientation and
motion accurately based on a built-in motion model.

Several sensor fusion methods are commonly used in UAV, such as Kalman fil-
ters, complementary filters, and Madgwick filters. Alough each method handles
data integration differently, but all can correct sensors drift and improve overall
reliability. For this year’s design, the AHRS algorithm[110] with Kalman filter
in Simulink was chosen because of its high predictability, ease of use, and the
ability to perform preliminary testing.
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Figure 207: Pre Processor and AHRS[111]

4.8.9 Attitude Heading Reference System AHRS

The attitude heading reference system (AHRS) is an important component of
navigation systems and is used to provide accurate orientation estimates, in-
cluding roll, pitch, and yaw. It combines data from various sensors such as
accelerometers, gyroscopes, and magnetometers. By integrating these sensor
inputs, the AHRS algorithm provides orientation information while correcting
for noise and bias in the sensors. This is achieved through the following com-
ponents:

Figure 208: AHRS[112]

The first is a model that predicts the system orientation and supports sensor
data fusion. Gyroscope readings are used to estimate changes in orientation,
while accelerometer measurements are used to calculate the gravity vector. In
addition, the model combines magnetometer data with the system orientation
to estimate the Earth’s magnetic field[112].

To improve the accuracy of these estimates, an error model is used. The model
tracks bias and drift in sensor measurements in two main ways. First, it com-
pares the estimated gravity vector (from the gyroscope and orientation data)
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with the measurements from the accelerometer. This comparison helps iden-
tify and correct errors[112] caused by drift or noise in the sensors. Second, it
evaluates the difference between the magnetic field vector predicted using the
gyroscope and orientation data and the magnetometer readings[112].

The magnetometer correction step adds error correction by filtering out un-
realistic readings. By examining the strength of the magnetometer data, the
algorithm ignores unrealistic readings[112]. However, this correction alone is
not enough to eliminate the effects of hard and soft iron. Properly calibrating
the magnetometer remains critical to providing accurate and reliable heading
data.

The main component of the AHRS is the Kalman filter. The Kalman filter is
divided into two phases: prediction and update. In the prediction phase, gyro-
scope data is used to estimate changes in orientation in real time. The update
phase then uses measurements from the accelerometer and magnetometer to im-
prove this prediction. This process allows the algorithm to dynamically weight
the contribution of each sensor based on its accuracy, effectively compensating
for sensor noise and bias[112].

The correction process improves the orientation estimate. Magnetometer read-
ings are used to adjust yaw (heading), while accelerometer data is used to correct
tilt (roll and pitch) [112]. These corrections help maintain accuracy even if the
sensors become noisy or drift over time.

Finally, angular velocity is calculated from gyroscope data, and applying cor-
rections at an early stage helps minimize errors in these calculations.

4.8.10 Future Work

Navigation: During the launch phase in a rocket wind tunnel, GPS provides
initial position data. However, as the vehicle accelerates to high speeds, GPS
signals become unreliable. At this moment, the system will rely on data from
the IMU and magnetometer to estimate the position. Once the speed decreases
below approximately Mach 1.5, the GPS signal stabilizes and can once again
provide accurate position information. Precise GPS data is essential for landing,
as the flight computer needs reliable position input to ensure the vehicle reaches
the designated recovery point.

To guide the vehicle to its recovery target, the system use position estimates
through sensor fusion. The onboard computer determines the vehicle’s current
position relative to the designated waypoint and adjusts its trajectory accord-
ingly. External factors such as wind and sensor noise are accounted for to
optimize position and direction estimates, minimizing errors [113].

The navigation process can use both direct-to-waypoint (DTW) and track-to-
waypoint (TTW) approaches[114]. TTW is generally preferred as it provides
a smoother trajectory and avoids sudden directional changes which increase
energy loss. This method helps reduce drag and minimizes lift loss during
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course adjustments, therefore improving the efficiency of the vehicle’s path to
the recovery point.

Figure 209: DTW and TTW[114]

The focus for next semester will be on reducing sensor errors and calculating
and comparing positions through inertial navigation and GPS. This will provide
complete and accurate data for the flight control system. Future work will
be in collaboration with other members of the control group for flight control
algorithms, hardware design, and implementation.

4.8.11 Conclusion

In conclusion, the attitude heading reference system (AHRS) and sensor fusion
significantly improves data accuracy. This is achieved by integrating accelerom-
eters, gyroscopes, and magnetometers with a Kalman filter. The system pro-
vides usable roll, pitch, and yaw estimates while reducing the effects of sensor
noise and bias. Calibration of the magnetometer and accelerometers showed
improvements in data accuracy by correcting for hard and soft iron effects and
errors. However, analysis showed that further improvements are needed to ad-
dress random noise issues. Implementing additional filtering techniques and
incorporating higher quality sensors are key goals for future iterations.

4.9 Propulsion & Controls Subteam Recap

This semester, the subteam made significant progress in defining the rocket’s
propulsion and control mechanisms. The team focused on trajectory analysis,
propulsion system preliminary design, and control system enhancements. A tra-
jectory simulation was developed to replace and deprecate the legacy simulation
work that was proven faulty. The propulsion system design was advanced with
the preliminary sizing and configuration of a solid rocket motor tailored to meet
the requirements of sustained Mach 3 velocity at 70,000 feet.
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Control system developments included introducing and refining actuation mech-
anisms, such as airbrakes and fins, to ensure effective operation across various
stages of flight. The fins were specifically analyzed for their contribution to
pitch stabilization and trajectory correction. Furthermore, a first attempt at the
pitch-hold autopilot system was modeled and simulated, providing precise atti-
tude control throughout the flight. Sensor calibration, data fusion techniques,
and data refinement techniques such as Kalman filtering were implemented to
integrate gyroscope, accelerometer, and magnetometer data, ensuring accurate
motion estimation and reducing system noise.

Looking ahead, the subteam plans to address thermal effects on the propulsion
system to ensure control surface integrity under extreme operating conditions,
refine the autopilot system for improved adaptability and response, and further
advance and integrate the propulsion and control solutions into the broader ve-
hicle design.
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5 Test Section Design & Analysis

5.1 Test Section Subteam Introduction

The test section group was responsible for the data collection over the flight
and the structures for the test specimen. Austin was exploring the option of
creating a Schlieren system for supersonic flow visualization. This semester
work was completed to design a tabletop version of the Schlieren system, which
is currently waiting for component fabrication. Nathan focused on the original
test section from last year’s iteration of the rocket. Enhancing the inlet design to
improve flow accuracy to the test specimen. By increasing the rocket’s diameter
and refining the inlet lip, the design maximized the axial distance for placing the
enclosed test specimen before the initial shock convergence. Simulations ensured
the test specimen size wouldn’t choke the flow or create a bow shock. Colby
examined the previous design of the load cell and looked at ways to account
for temperature and improve reading. A redesign of the load cell’s shape was
completed with internal geometry requiring 3D metal printing to manufacture.
The readings were improved by adding additional strain gauges for readings
orthogonally to the tip in any direction. Temperature readings are now also
taken to appropriately scale the measured force. Ryan was in charge of creating
the wind tunnel and determining where the ideal location to place the test
specimen. Flow analysis was completed resulting in a proposal of different test
specimen locations based on the formation of shocks within the wind tunnel
itself. Sebastian took the lead in creating a pylon to hang the test section
under the airframe’s body. The pylon allows for a pass-through wind tunnel
and the installation of a traditional Schlieren system. Analysis was completed
to determine the minimum 3.6 cm and maximum 80cm that the arm could be
placed. The location chosen was 14.5cm.

5.2 Background on Test Section Goals

The test section is the payload of this mission making it the most important
part of the project. The team looked at ways to improve last year’s design. One
of the main goals of this year’s team was to have the test section as the leading
edge allowing for free flow to flow over the specimen. The team also wanted to
find a way to visualize the flow occurring in the test section previously there
was only the load cell force balance of the subject.

5.3 Schlieren Imaging (Flow Visualization) - Austin Stubbs

Peer reviewed by Colby Jackson

The flow visualization type that has been chosen is Schlieren imaging. Schlieren
imaging works by condensing light using convex mirrors to visualize the differ-
ences in densities within the test medium. This image is then captured by a
high-speed camera to record the flow as it moves [115]. Note that for steady-
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state conditions, a still frame can be enough. The goal for this semester was to
get a tabletop Schlieren that can then be scaled down to fit within the param-
eters of the airframe.

5.3.1 Theory

Schlieren Imaging is used to see differences in density within air. This could
be due to a temperature difference, such as a candle being lit, as shown in
Figure 210. Shock waves from supersonic flow, as shown in Figure 211 can
be visualized using schlieren. The following section will discuss the theory of
the single-pass and double-pass Schlieren systems and their advantages.

Figure 210: Example of Schlieren Without Color Filters Using a Single Mirror
Setup [116]
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Figure 211: Schlieren Imaging Using Coloured Filters Instead of a Knife Edge
to Visualize Shocks [117]

5.3.1.1 Single Pass

Two mirrors are used in a classic single-pass (Z-Type) Schlieren setup, as shown
in Figure 212. In this setup, parabolic mirrors are superior because they focus
all the light rays into a single point, resulting in a sharper image, as depicted
in Figure 213, whereas the spherical mirrors collimated into a single point
resulting in a dull image.
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Figure 212: Schlieren Single Pass Example [118]

Figure 213: Comparison of Spherical vs Parabolic Mirrors in a Single-pass
Schlieren [118]
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In Figure 214, it’s shown that the spherical mirror’s light rays do not converge
perfectly at the focal point. Since the tabletop setup is a proof of concept,
this small discrepancy will not significantly impact imaging for the double pass
(Z-type) setup.

The light passes over the test section (illustrated as the wavy line in Figure
212) and allows the camera to capture differences in density due to the refraction
of light passing through regions of densities. The knife edge cuts off half of the
light, enhancing contrast. The dark sections are a result of that portion of the
light being cut off as shown in Figure 210. If the camera is shooting in colour,
the knife edge can be replaced by a coloured filter, allowing the generation
of heat maps. This can be especially useful for a non-technical audience to
interpret, as demonstrated in Figure 211.

Figure 214: Zoomed-in image of the focal point for Spherical vs Parabolic mir-
rors [118]
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5.3.1.2 Double Pass

In a double-pass Schlieren setup, a single spherical concave mirror is placed at
two times its focal length, as depicted in Figure 215. The light from the source
passes over the test section (shown as a wavy line), hits the mirror, and reflects
back to the knife edge, where the camera captures the image. This setup is less
sensitive to misalignment, uses fewer mirrors, and is more compact, making it
ideal for rocket integration. However, it sacrifices image sharpness due to the
double light pass.

Figure 215: Schlieren Double Pass Example [118]
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5.3.2 Preliminary Apparatus

The preliminary apparatus consists of stands to hold up the mirrors, lenses, and
lights as shown in Figure 216 with the Bill of Materials (BOM) in Table 48. The
mirror stands are to be constructed out of low-carbon steel, which was chosen
for ease of manufacturing since drilling and welding are used in the design. The
base of the apparatus is universal and will support all components except the
camera, which will have its own tripod. After confirming the layout, the base
mounts will be bolted into an 8-10 gauge aluminum sheet to secure the setup.
Experiments will be held in the second semester to determine how much of a
sacrifice the double pass system makes, ultimately with the goal of integrating
the superior system.

Figure 216: Mirror Stand (Left) and Light Stand (right) Assembly
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Part Name Qty Description Cost (CAD) each
Dielectric-Coated Con-
cave Mirror, 400 - 750
nm, f = 500 mm, CM508-
500-E02

2 Spherical convex mirrors best coating
for visible light

$215.91

Streamlight 66133 Sty-
lus Pro USB 350-Lumen
Rechargeable LED Pen
Light with 120-Volt AC
Charge Cord & Nylon
Holster Black

1 LED light source $99.36

Solid Single razor blades
(10 pack), other brands
are fine as long as there is
no hole in the blade

1 10 pk of black razor blades $9.99

Black Electrical Tape (3
pack)

1 3pk Black electrical tape $8.64

N-BK7 Plano-Convex
Lens, Ø25.0 mm, f = 50
mm, AR Coating: 350 -
700 nm

1 Plano-convex lens $48.64

Feyachi Green Laser Sight
532nm

1 Green laser 532nm $42.55

Black cardstock 1 Cardstock to test different pin holes $9.99
BokingOne 16 Pcs Color
Correction Gel Filter for
Lighting

1 Colored gel sheets for creating colored
schlieren

$16.99

4mm threaded rod 2 d= 4mm L = +70 mm Shop price
M4 nuts to match
threaded rod

4 M4 nut matching threaded rod Shop price

Hose pipe clamps 1 10 pk of Hose Clamps $10.52
Patels Camera 1 Sony 1000fps $0.00

Table 48: BOM for Schlieren Tabletop Apparatus

261



5.3.2.1 Mirror Stand

The mirror stand assembly can rotate 360 degrees about the y-axis and z-axis,
as shown in Figure 217, which is critical for precise alignment during Schlieren
imaging, improving image quality.

Figure 217: Assembled Mirror Housing with Light Incoming
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The drawing for the Mirror holder is shown in Figure 218. This component
holds the mirror in with just friction, as a foreseen issue set holes may need to
be drilled and tapped for placement of set screws. Glue is to be avoided due
to the risk of damaging the reflective surface. The hole is to be a clearance fit
through hole so that a M4 threaded rod may be inserted having the clamping
force prevent the mirror from unwanted rotation.

Figure 218: Drawing for Mirror Holder
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The middle section of the mirror stand (resembling a field goal post) can be
seen in Figure 219. This component features a 10mm round bar to be welded
on the horizontal flat bar. The vertical flat bars are thinner to allow for bend-
ing, creating a clamping force that prevents the mirror holder from unwanted
rotation. The holes on the vertical bars are the same-sized through holes as the
mirror holder.

Figure 219: Drawing for Mirror Holder
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The center through hole was placed to fit a No.2 Philips screwdriver in to allow
for tightening the tube. Blue Loctite will be used if stand loosening becomes an
issue. Height adjustments between 100 mm - 190 mm are made by sliding the
mirror holder shaft and held in place by 3 thumb screws, as shown in Figure
220. The threads are placed externally on the pipe and internally on the plate
to hold it upright. This design was changed from welding gussets for ease of
manufacturing and to avoid warpage from welding.

Figure 220: Base for Schlieren Mirror Stand

An alternative design (as seen in Figure 221) omits the base, allowing the
mirror to sit directly on a flat surface, although this design has less stability and
fewer degrees of freedom. This component was not sent to be manufactured for
the previous reasons.
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Figure 221: Alternative Design for Mirror Housing Without Base
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5.3.2.2 Light Stand

The same base used for the mirror is used to mount the light, as shown in
Figure 222. A Picatinny rail allows easy switching between the flashlight and
laser mount. The laser came with a mount for a Picatinny rail. The extra
material on the plate is to leave room for further attachments, such as a Plano-
convex lessen holder. Future work includes a Plano-convex lens holder. The
offset distance was calculated to be 54mm. However, validation of this number
can be completed after the initial stand is set up.

Figure 222: Light Assembly Holder with Picatinny Rail
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The light base shown in Figure 223 has a very similar construction to the midsec-
tion of the mirror holder in Figure 219. Featuring another d=10mm round bar
welded to a flat plate. While there are 2 tapped holes to accept the Picatinny
rail.

Figure 223: Middle Section for Light
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The standard Picatinny rail shown in Figure 224 can be purchased online for
likely much cheaper than the shop manufacturing it. Next semester KEFC
funding should be requested to save the shop manufacturing a readily available
part. The reason for using a Picatinny rail is that the laser mount came with
a Picatinny rail mount. The system is reliable for precise instruments such as
rifle scopes are often mounted to them. This part was submitted to the shop to
avoid further delays in the event KEFC will not approve the Picatinny rail.

Figure 224: Drawing for Picatinny Rail
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5.3.2.3 Breadboard

The Breadboard shown in Figure 225 consists of an 8 or 10-gauge aluminum
sheet. This is the only aluminum part in the entire design. Aluminum was
chosen for its corrosion resistance properties and weight savings so that one
person can safely move it. A reason for considering the 8 gauge is because the
shop has it on hand. This sheet is supported by 30 flush-fit screws placed in an
11 3/4”x 11 3/4” grid, starting 1/2” from each corner.

Figure 225: Breadboard Drawing
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5.3.3 Calculations

In this section, calculations were completed for the distance of the Plano-convex
lens and the thickness of the breadboard.

5.3.3.1 Plano-Convex lense

For the calculations of the plano-convex lens, clever geometry is used, as shown
in Figure 226.

Figure 226: Geometry for Plano-Convex Calculation

The Laser diameter was measured using a pair of digital callipers, the mirror
data was taken from the manufacturer’s spec sheet [119].

Diameter Mirror Focal Distance Mirror Diameter of Laser Focal Distance for Plano-Convex Lens Theta
Dm (mm) Fm (mm) Dlp (mm) Fpc (mm) Degrees
50.8 (2”) 500.0 2.75 54 1.5

Table 49: Mirror and Lens Data (converted to millimetres)

Using Equation 210, Where Rm is the radius of the mirror, and Fm is the
focal distance to the mirror,r we are able to obtain the angle θ = 1.5:

Θ = tan−1

(
Rm

2Fm

)
(210)
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Using Equation 211 where Rlp is the radius of the laser and fm is the offset
distance from the mirror to the Plano-convex lens to obtain Fpc:

tan(Θ) =
RLP

Fm
(211)

Equation 212 was obtained by rearranging Equation 211 for Fm Finally,
solving Equation 212, we obtain the value of Fpc = 54mm:

Fm =
Rm

tan(Θ)
(212)
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5.3.3.2 Breadboard Calculations

Calculations were completed to determine the thickness of the aluminum sheet.
The first thing checked was to see if the 10-gauge sheet would not bend under
its own weight.

The total weight is calculated using Equation 213:

W = w ·A (213)

Substituting the values:

W = (291.16 in3) · (0.0975 lbs/in3) = 28.4 lbs.

Substituting the total weight into Equation 214, the weight per support point
is given as:

Wpoint =
Wsheet

N
(214)

Substituting Wsheet = 28.41 lbs and N = 30, we get:

Wpoint =
28.41

30
= 0.95 lbs/support.

Finally, the distributed load w over the span can be calculated using Equation
215: Substituting Wpoint = 0.95 lbs/support and Span Length = 16.6 in, we
calculate:

w =
Wpoint

Span Length
(215)

w =
0.95

16.6
= 0.057 lbs/in.

Using the Moment of Inertia equation, where b = 48” and h = 0.101” (dimen-
sions of the 10 gauge sheet), the moment of inertia I is calculated as shown in
Equation 216:

I =
bh3

12
(216)

I = 1.01× 10−3 in4

Substituting the given values into the deflection Equation 217:

Where w = 0.101 lb/in, L = 16.6 in, E = 10 × 106 psi, and I = 0.00101 in4, we
calculate the deflection δ in inches.

δ =
5wL4

384EI
(217)
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δ =
5 · (0.101) · (16.6)4

384 · (10× 106) · 1.01× 10−3
= 9.89× 10−3 in

For a worst-case scenario, a point load of 50 lbs was applied at the furthest
distance between supports. This was to simulate someone putting their hand
down and leaning slightly on the sheet. Using the point load deflection equation
Equation 218: Substituting the given values into the point load deflection
equation: Where P = 50 lb, L = 16.613 in, E = 10×106 psi, and I = 0.00101 in4,
we calculate the deflection as:

δpoint =
PL3

48EI
(218)

δpoint =
50 · (16.613)3

48 · (10× 106) · 1.01× 10−3
= 4.73× 10−4 in

The deflection is almost non-existent in both cases therefore the 10-gauge sheet
of aluminum will be suitable for the Schlieren tabletop. 8 gauge has been per-
mitted due to availability.
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5.3.4 Conclusion

In conclusion, this semester included a lot of research then design work. A
tabletop Schlieren system has been designed and is currently in queue to be
manufactured. Next semester will begin with the assembly of the stands and
breadboard. Experiments are planned to include testing the single vs double
pass schlieren systems, replacing the razor blade with color filters to create
gradients as seen in Figure 211, different types of glass will be experimented
with as adjustments will need to be made for integration into the rocket.
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5.4 Test Section Inlet (Rocket) - Nathan Bolduc

Peer Reviewed by: Phil Charapov - 101183161

5.4.1 Background

The test section inlet for the supersonic test vehicle, designed last year,
aims to funnel incoming air to a test subject with minimal flow disturbance [1].
The main challenges are managing shocks and heat. At high speeds, shocks
form along the inlet’s leading edge, altering streamline direction and reducing
flow velocity. A fine lip design, as used in last year’s model, could theoretically
prevent this, but it would overheat and melt [1]. Therefore, the lip must be
rounded to avoid melting, which causes oblique shocks to form in the test section.
The length of the test section for supersonic flow was chosen to balance two
factors: it needed to be short enough to prevent a large boundary layer from
forming, yet long enough to allow the flow to develop. This ensures accurate
testing conditions by minimizing boundary layer effects while maintaining a
stable flow. The length that was selected did not allow for full development of
flow, but it did maintain an acceptable boundary layer and created adequate
uniform flow for the test specimen [1].

5.4.2 Introduction

The main scope of this project is to offer accurate results of forces and
flow visualization at high altitude and supersonic speeds. The working objec-
tive is Mach 3.0 at an altitude of 70,000 ft. To achieve flow visualization and
maintain stability of the test vehicle, enclosing the test section was determined
to be the best course of action [1].

The goal of this semester’s work was to improve last year’s inlet design, aiming
to provide undisturbed flow to the test specimen. The main challenge is that
any flow obstruction causes disturbances. To avoid this, the test specimen must
either be unenclosed or placed before the initial oblique shock convergence. This
section focuses on keeping the test specimen enclosed and therefore, improving
the inlet to maximize the axial distance for placing the test specimen before the
initial shock convergence. This was achieved by refining the lip and increasing
the test section diameter relative to the increase in rocket diameter. Addition-
ally, simulations were conducted to determine the acceptable size of the test
specimen, ensuring the flow doesn’t choke and create a bow shock in front of
the inlet. These findings will be presented and discussed below.

5.4.3 Preliminary Design Work

Last year’s design did not specify the geometry of the lip that they
presented in their final report. Therefore, using data, graphs, and the An-
sys assumptions from the report [1] an estimate of the model’s geometry was
obtained. It was determined that the inlet had a leading edge radius of approx-
imately R = 0.15in (Ref Figure 232).
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5.4.4 Research

Research was conducted into potential inlet geometries to determine
ways improve or potentially prevent shockwave development. While there are
many supersonic and hypersonic inlet designs, such as those used in RAMJETS
and SCRAMJETS, these rely on shock development and are less relevant to our
needs. Therefore, supersonic geometry from existing supersonic vehicles were
not considered as an option to improve the performance of the test section inlet.
A more practical approach is to reduce the angle of the oblique shock, creating
a larger axial distance within the inlet before the shocks converge. This allows
the test subject to be positioned forward of the convergence point, ensuring
undisturbed flow reaches the test subject.

5.4.5 CFD Setup

CFD was used to determine results due to the efficiency of being able
to test different geometries quickly. The CFD model that was used for the
results presented below is slightly different than what was used previously. The
parameters were determined from direct comparison of the two models over
simple geometry like a bluff body (sphere) and a wedge. The bluff body was
used qualitatively to see if the CFD simulation would produce a detached shock
(bow shock) in front of the bluff body. These results can be seen in Figure 227.
The wedge was used qualitatively and quantitatively to see if the CFD results
were similar visually and analytically to theoretical results. The results were
compared in the following section. Table 50 below provides the key parameters
that were used in the CFD to obtain the results throughout this report.

Table 50: CFD parameters

Parameter Selected Parameter
Model Density Based
Density Ideal Gas
Viscosity Sutherland

Turbulence Model SST k-omega
Energy On

Operating Pressure 4.688 kPa
Operating Temperature 219K

Ansys Fluent uses the finite volume method to discretize and solve the governing
equations of fluid flow and heat transfer [1]. These finite volumes are dictated
by the user defined mesh parameters, as the mesh gets finer the accuracy of the
simulation is regarded to be more accurate, though not always the case. The
geometry of the mesh also has an effect on the accuracy of the results. A hex
dominant method with face sizing was chosen for the mesh parameters. The
hex dominant method was selected due to improvement in accuracy over the
default triangular method [120]. Face sizing was used to refine the size
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of the mesh near the surfaces of the test section where the flow is changing
the most. With the control volumes defined Ansys Fluent is able to solve the
governing equations, calculated from the centroid of each cell using an iterative
algorithm until it arrives at a converged solution. The Navier-Stokes Equations
219 through 223 represent the five governing equations: the continuity equation,
the x, y, and z momentum equations, and the energy equation, respectively.

δρ

δt
+∇ (ρ ∗V) = 0 (219)

δ(ρ u)

δt
+∇ (ρu ∗V) = − δp

δx
+
δτxx
δx

+
δτyx
δy

+
δτzx
δz

+ ρfx (220)

δ(ρ v)

δt
+∇ (ρv ∗V) = −δp

δy
+
δτyx
δx

+
δτyy
δy

+
δτzy
δz

+ ρfy (221)

δ(ρ w)

δt
+∇ (ρw ∗V) = −δp

δz
+
δτxz
δx

+
δτyz
δy

+
δτzz
δz

+ ρfz (222)

δ
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[
ρ
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V 2

2
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(
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)
∗V

]
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δT

δx

)
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δ

δy

(
k
δT

δy

)
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δ

δz

(
k
δT

δz

)
− δ(u p)

δx
− δ(v p)

δy
− δ(w p)

δz

+
δ(u τxx)

δx
+
δ(u τyx)

δy
+
δ(u τzx)

δz
+
δ(v τxy)

δx
+
δ(v τyy)

δy

+
δ(v τzy)

δz
+
δ(w τxz)

δx
+
δ(w τyz)

δy
+
δ(w τzz)

δz
+ ρf ∗V

(223)

5.4.6 CFD - Validation

To validate the CFD model two tests were done and compared to theoret-
ical knowledge. When a bluff body was simulated (sphere) the model produced
a bow shock seen in Figure 227, which is to be expected in this scenario.
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Figure 227: CFD simulation of a bluff body using parameters mentioned above

The colour index for corresponding velocities for the bluff body simulations was
included in Figure 227 as supporting information. It can be seen in Figure
227 that a bow shock forms in-front of the bluff body with the leading surface
perpendicular to the direction of flow having zero velocity.
The next scenario that was simulated is a wedge, which can be seen in Figure
228. The wedge was simulated and compared to analytical results, the results
will be compared and discussed below. It should be noted that there is a purple
line above the top surface of the wedge in Figure 228, this line corresponds to
the data shown in Figure 230.
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Figure 228: CFD simulation of a wedge using parameters mentioned above

Using theory learned from the textbook Fluid Mechanics - Ninth Edition [121]
the mach number after the initial shock can be found. The wedge is 0.25m long
with a 10 degree turn angle, the geometry of the wedge can be seen below in
Figure 229.

Figure 229: Critical dimensions for simulated wedge

In order to determine the downstream mach number after the oblique shock
produced from the leading edge of the wedge, the following equations are re-
quired.

tan(θ) =
2 cot(β) (Ma21 sin

2(β)− 1)

Ma21 (k + cos(2 β)) + 2
(224)

Man1
=Ma1 sin(β) (225)

Ma2 =
Man2

sin(β − θ)
(226)

Therefore, using Equations 224, 225, 226, and the Tables from Fluid Mechanics
Ninth Edition textbook [121], the down stream mach number was found to be
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Ma = 2.50. The corresponding temperature was determined to be T = 272K
which yields a downstream velocity of 826.5m/s.

In addition to the mach number after the oblique shock, the mach number after
the expansion fan (over the top point) was also calculated using Prandtl-Meyer
supersonic expansion relations from Table B.5 [121]. Therefore, the Mach num-
ber after the expansion fan was determined to beMa = 3.54 with a temperature
of T = 174.02K, which corresponds to a velocity of 932m/s.

Looking at Figure 230 below, the velocity of the fluid flowing along the upper
surface of the wedge (Purple line in Figure 228) can be seen. The leading edge
being at 0.25m and the trailing edge velocity being at 0m. From Figure 230 it
can be seen that the velocity after the shock wave and after the expansion fan
is 829m/s and 963m/s respectively.

Figure 230: Velocity above the upper surface of the wedge

Table 51 below compares the theoretical results to the results obtained from
the CFD simulation. It can be seen that there is a small difference between the
values, with the larger difference being after the expansion fan.

Table 51: CFD simulation and theoretical values comparison

Theoretical Simulation % Difference
Oblique Shock 826.5 m/s 828.7 m/s 0.27 %
Expansion Fan 932.0 m/s 962.7 m/s 3.3 %

Therefore, from the results presented above it can be concluded that the CFD
model that is being used produces qualitative values that align with theoretical
values and quantitative results that show key features like oblique shocks and
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bow shocks. It should be noted that the quantitative results of shocks in CFD
are different as there is a visible thickness when in reality it should be a discon-
tinuity. Therefore, it will be assumed that the shock acts as a straight line from
the lip of the obstruction to the visible convergence point (Ref Figure 231).

5.4.7 CFD - Oblique Shock Convergence

Figure 231 below gives a qualitative result of the internal flow into the test
section. This figure provides the simulation results of how much axial distance
there is before the oblique shocks produced from the leading edge converge.
Figure 233 below shows the centerline velocity into the test section. This figure
provides the axial distance for when the initial shocks converge. The results
show that the shocks converge 180mm (7in) into the test section (Ref Section
Test Section Inlet Lip Refinement). It should be noted that the test section
was increased to a diameter of 203.2mm (8in) to maintain the 51mm (2in) wall
thickness and accommodate the overall diameter of the rocket being increased
to a diameter of 305mm (12in).

Figure 231: Simplified test section inlet CFD results
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5.4.8 Test Section Inlet Lip Refinement

The test specimen will be placed before the initial shock convergence.
Steps were taken to increase the axial distance in the test section before the
shocks converge. Various inlet geometries were tested using CFD simulations
in ANSYS. Figure 232 below shows the cross-section of the three lip geometries
that were considered and simulated while Figure 233 shows the axial distance
into the test section before the initial oblique shock converges.

Figure 232: Test section inlet lips critical dimensions

The lip thickness and geometry were adjusted to see their effect on the oblique
shock angle. As shown in Figure 233 below, the three lip geometries had little
impact on the axial distance where the shocks converge, but the fineness of the
lip did. Though little, the simple lip does create slightly more distance before
the oblique shocks converge, and therefore it was selected to be used over the
other two geometries.

Figure 233: Centerline velocity of internal flow in test section
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Last year’s inlet design had a lip radius of approximately 3.8mm (0.15in), while
the current design has a lip radius of 1.5mm (0.06in). From Figure 233 above,
it can be seen that this change increased the axial distance from 12cm to 18cm,
a 50% increase. This increase allows adequate space for a test specimen to
be positioned before the initial oblique shocks converge, subjecting the test
specimen to the free-stream air at the desired conditions. This will allow the
test section to be shortened significantly, as there is no longer a benefit to a
longer section. Recall, the test section length was selected in the previous year
to balance the boundary layer growth and the development of the flow. However,
since the flow is unobstructed by positioning the test specimen forward of the
oblique shocks, the length of the test section can be reduced.

5.4.9 Test Specimen Sizing

CFD simulations were conducted to find the largest test specimen that
wouldn’t obstruct the flow and cause a bow shock in front of the test section. A
cylinder was chosen for these simulations because its circular cross-section and
flat surface parallel to the flow create significant obstructions. This disk serves
as a ’worst-case’ scenario, ensuring that any other specimen would not produce
worse results. Figure 234 shows a section view of the test section with the test
specimen.

It should be noted that the test section does vary compared to previous’ years
design, the outer and inner profile of the test section were maintained, though
the inner and outer diameter were both increased while maintaining the wall
thickness. The load cell and connecting structure were adjusted to allow the
simulations to converge and are currently arbitrarily designed, if the rocket
body is selected over the lifting body than proper design and consideration
will go into implementing the load cell and supporting structure into the shorter
test-section.

Figure 234: Section view of the test section and specimen

After numerous simulations the critical dimension of the cylinder was deter-
mined to be the diameter between 63.5mm (2.5in) and 76.2mm (3.0in). The
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results for the 63.5mm diameter cylinder can be seen below in Figure 235. It
should be noted that results would not converge with a cylinder diameter of
76.2mm, therefore no results can be presented and it is assumed that a 76.2mm
diameter cylinder would result in the flow choking.

Figure 235: Section view of the test section and specimen

It can be seen in Figure 235 that there is a bow shock in-front of the cylindrical
test specimen which is to be expected. Therefore, it can be seen that the CFD
simulation shows that data could be collected on a specimen with a diameter of
63.5mm without choking the flow.

5.4.10 Conclusion

Improving the effectiveness of the test section for the rocket poses nu-
merous difficulties, such as the inlet obstructing the flow, which creates shock
waves that alter the flow contacting the test specimen. Therefore, to ensure the
most accurate results it was determined that the best course of action was to
move the test specimen in-front of the oblique shocks. A 63.5mm diameter by
101.6mm long cylinder was determined to be the largest specimen that could
be positioned forward of the oblique shocks and still produce results without
choking the flow through the test section. This was achieved by refining the
lip geometry. The geometry that was selected was the simple lip design with a
1.5mm constant radius on the leading edge. This created an 18cm axial distance
in the test section, allowing a test specimen to be placed in unobstructed flow.
This was a 50% increase compared to last year’s inlet lip design.
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5.5 Force Balance Design - Colby Jackson

Peer Reviewed by: Austin Stubbs

5.5.1 Introduction

Accurate measurement of aerodynamic forces is crucial in wind-tunnel testing
for validating aircraft designs and understanding flight characteristics [122]. The
force balance apparatus quantifies these forces, specifically lift, drag, and all me-
chanical forces, which are essential for assessing performance. Previous designs
of the vertical section were limited to single-axis force measurements, restricting
comprehensive multi-directional force analysis with strain gauges [1].

This report focuses on redesigning the vertical section to a cylindrical geometry,
ensuring it withstands specified forces while accommodating the strain gauges.
These gauges are placed to capture forces in both vertical and horizontal planes,
addressing the limitations of last year’s designs. Implementing two half-bridge
strain gauge circuits allows for temperature compensation, enhancing measure-
ment precision and reliability [123], [124]. This setup enables more accurate
force calculations by mitigating thermal effects on strain readings, which were
previously not taken into account.

5.5.2 Theory

5.5.2.1 Governing Equations for Static Structural FEA

In performing static structural finite element analysis (FEA) using ANSYS, the
governing equations are derived from the fundamental principles of mechanics,
specifically the equilibrium equations, constitutive relations, and compatibility
conditions [125]. The primary equation that describes the behaviour of the
structure under static loading is [125]:

Ku = F (227)

Where:

• K is the global stiffness matrix, representing the stiffness properties of the
entire discretized structure.

• u is the displacement vector, containing the nodal displacements.

• F is the external force vector, representing the applied loads at the nodes.

Equation 227 represents the global equilibrium of the structure under static
loading conditions [125].

The stiffness matrix K is assembled from the individual element stiffness matri-
ces Ke, which are derived from the element’s material properties and geometry.
The element stiffness matrix is given by [125]:
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Ke =

∫
Ve

B

T D B dV (228)

Where:

• Ke is the element stiffness matrix.

• Ve is the volume of the element.

• B is the strain-displacement matrix, relating the element’s nodal displace-
ments to the strains.

• D is the constitutive matrix, relating the strains to the stresses according
to Hooke’s Law.

The strain-displacement relationship is given by [125]:

ε = Bu (229)

Where:

• ε is the strain vector.

• u is the displacement vector.

The stress-strain relationship, according to Hooke’s Law for linear elastic ma-
terials, is [125]:

σ = Dε (230)

Where:

• σ is the stress vector.

• ε is the strain vector.

• D is the constitutive matrix, which depends on the material’s Young’s
modulus E and Poisson’s ratio ν.

In static structural FEA, the goal is to solve for the displacement vector u by
applying the known forces F and boundary conditions. Once the displacements
are known, strains and stresses can be computed using Equations 229 and 230
[125].

Therefore, the overall process involves assembling the global stiffness matrix K,
applying boundary conditions, and solving the system of equations in Equa-
tion 227 to find u.
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5.5.2.2 Strain Gauges

Two half-Wheatstone bridges will be used in order to isolate the bending strain
in the X and Y planes, which can be combined together to obtain the out-of-
plane force [124]. A half-Wheatstone bridge circuit is shown in Figure 236.

Figure 236: Strain Measurement on a Half-Bridge Bending Beam Circuit [124]

In the context of strain measurements using a Wheatstone bridge, the strain (ε)
can be determined using bridge-specific equations that relate the output voltage
(V0) to the excitation voltage (Vs), accounting for the gauge factor (k) of the
strain gauge [123], [124]. For a bending strain scenario, where the strain gauge
is arranged in a configuration sensitive to bending, the strain is given by [124]:

ε = εb =
1

2
· 4
k
· V0

Vs
(231)

Where:

• ε is the strain.

• εb is the bending strain.

• V0 is the output voltage of the bridge.

• Vs is the excitation voltage supplied to the bridge.

• k is the gauge factor of the strain gauge.

Here, the factor of 1
2 accounts for the sensitivity of the bridge to bending effects

[124].

To measure the torsion on the vertical section, a full bridge will be used in front
of the two half bridges [124]. The full bridge circuit is shown in Figure 237.
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Figure 237: Torsion Measurement Full Bridge Circuit [124]

For torsional strain measurements, where the strain gauge arrangement isolates
torsional effects, the strain is calculated as [124]:

ε = εd =
1

4
· 4
k
· V0

Vs
(232)

Where:

• εd is the torsional strain.

• V0, Vs, and k are as previously defined.

The factor of 1
4 represents the reduced sensitivity of the bridge to torsion [124].

The placement of the strain gauges is shown in Figure 238, where the red ovals
are part of the two half-bridge circuits where the opposing strain gauges are
connected, while the green ovals show the strain gauges that are part of the full
bridge.
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Figure 238: Placement of Strain Gauges Where Red is Part of the Half-Bridge
Circuits While Green is Part of the Full Bridge Circuit. Opacity is Reduced on
Strain Gauges Placed on the Non-Visible Side of the Body

5.5.3 Material Properties and Design Requirements

5.5.3.1 Material Properties

• Materials: Aluminum AlSi10Mg, SLA resin (Testing)

• Yield Strength (σyield): 240 ± 20 MPa [126]

• Young’s Modulus (E): 70 GPa [126]

5.5.3.2 Material Selection

The material composition AlSi10Mg was selected for this project due to its com-
patibility with 3D printing processes and its mechanical properties, which closely
resemble those of Aluminum 6061, the material used in last year’s design. A key
advantage of AlSi10Mg is its reduced coefficient of thermal expansion (CTE)
compared to Al 6061, which minimizes issues like warping during Direct Metal
Laser Sintering (DMLS). Additionally, the smaller solidification range (∆T) of
AlSi10Mg—approximately 40 K compared to the 70 K of Al 6061—reduces the
likelihood of hot tearing and improves its processability in additive manufactur-
ing [127].

5.5.3.3 Vertical Section Development

The final geometry of the vertical section was determined iteratively through
trial and error of various geometries to determine the best for the specific case.
A large outer diameter was desired due to the risks associated with applying
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strain gauges to a tightly curved surface [123]. These risks include improper
contact with the surface and potential damage to the strain gauge caused by
excessive bending [123]. Due to this preference and the inherent constraints of
one-axis load cell geometry, the use of internal geometry became unavoidable.

Load cells designed to measure forces orthogonal to a beam often incorporate
specific internal geometries—such as dual cutouts flanking a central section—to
concentrate strain and enhance measurement accuracy [124]. These cutouts,
typically elliptical or rectangular, reduce the beam’s cross-sectional area in tar-
geted regions, thereby localizing deformation under applied loads [125]. This
design ensures that strain is amplified in the central section where strain gauges
are mounted, leading to more precise readings [123]. The strategic placement
of these cutouts not only increases the sensitivity of the load cell but also min-
imizes the influence of extraneous forces, contributing to the device’s overall
accuracy and reliability [122].

In total, five main geometries were created and analyzed: rectangle, oval, conic
curve, sphere, and parabolic, which were curves of the two cutouts concentrating
the strain [128]. Each of the five curves had multiple sub-geometries where
variables were changed, such as the width between cutouts, size of cutouts, and
curves of cut-outs. Resulting in over 25 FEA files from these tests, it was found
that two spheres with a 6 mm radius spaced 16 mm apart was the best geometry
for this case.

Table 52: Effects of Varying Variables on Different Geometries

Geometry Spacing Size Distance from Edges Strain Concentration

Rectangular Changed intensity
of strain at cut-outs

Proportional to as-
pect ratio

High sensitivity near
edges

Uniform distribution
across cut out

Spherical Changed intensity
of strain at rear
cut-out

Proportional to ra-
dius

Most insensitive to place-
ment

Clear concentration

Conic Minimal affect Collapsed axially
when too large and
little strain when
small

Minimal affect High strain behind apex,
high strain along section
towards axial load cell

External Geometry N/A Strain concentra-
tion at edges

Edge geometry minimally
affect location

Always on the edge of
strain placement

Parabolic Changed intensity
of strain at rear
cut-out

Sensitive to focal
length

Tight parabolic shapes
heavily influence while
loose insensitive to edges

Concentration near vertex

5.5.4 Finite Element Analysis

Looking at the FEA from the chosen geometry, the concentration of strain
around the cutouts can be visually observed, as shown in Figure 239.
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Figure 239: Engineering Drawing of the Vertical Section of the Force Balance
Apparatus

Force A is applied to the tip surface in the negative X-direction with a magni-
tude of 2000 N, while Force B is applied to the side of the tip as a surface load
with a magnitude of 500 N. These forces were derived from last year’s report on
the load cell [1]. The cutouts had to be designed to withstand both forces simul-
taneously without adversely affecting one another. Certain geometries proved
problematic, as they allowed for a more concentrated strain area under the 500
N load but failed to withstand the 2000 N axial force. For example, conic curve
cutouts created a highly concentrated strain area for orthogonal loads; how-
ever, they could not withstand the horizontal force and caused the structure to
collapse. This limitation led to the rejection of the conic curve design.

In Figure 239, the fixed section of the vertical portion used for the FEA is
highlighted in blue. While a bearing will eventually be incorporated somewhere
along the thickness of this part, it is currently not possible to predict its exact
placement, as the decision between the blended body and rocket test section
has not yet been finalized. Both designs will influence the final dimensions of
the load cell, as it will need to be scaled accordingly to match the chosen test
section. For these reasons, the fixed section selected for the FEA was based on
known fixed surfaces that will be connected to the axial section and secured in
place with a pin. Both sections will then be mounted to the cone in a manner
similar to last year’s setup.

From the FEA, the amount of strain experienced at the gauge locations can be
determined; the strain can be seen in Figure 240.

292



Figure 240: Strain Visualization With the 500 N Orthogonal Force and 2000 N
Axial Force Acting on the Body

From Figure 240, the strain is concentrated right behind the cutout, which can
be seen in Figure 243. The strain experienced at the two half-bridge locations
is between 0.00172 and 0.00215, which, using the minimum value, will cause a
resistance change of approximately 0.4284 Ω in one gauge. Since opposing strain
gauges will be connected to the same half bridge, the resistance in the circuit
will actually be closer to double that value. Whether this change is negative or
positive dictates which direction the force is being applied [124].

In Figure 241, a 100 N·m moment force is acting in the positive Z direction.

Figure 241: Strain Visualization With a 100 N·m Moment Force Acting on the
Body in the Z-Axis Applied to the Same Surface as the 500 N Force

To ensure the above results could be accepted, a mesh convergence study was
performed for the final geometry selected, as shown in Figure 242.
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Figure 242: Vertical Load Cell Mesh Convergence Study

In Figure 242, the strain convergence around 0.001931 m/m can be observed.
The strain was obtained by taking the average color over the strain placement
location of the two half bridges in the same spot each time. The limit of the
mesh was the ANSYS student license having a maximum number of nodes and
elements; continuation of mesh convergence would likely not result in substan-
tial changes. A detailed drawing of the final vertical section can be found in
Figure 243.
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5.5.5 Engineering Drawing
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Figure 243: Engineering Drawing of the Vertical Section of the Force Balance
Apparatus
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5.5.6 Discussion

The initial design was limited to measuring forces along a single axis, which
wasn’t sufficient for analyzing multi-directional forces [1]. In the redesign, mul-
tiple strain gauges have been added in strategic positions to capture forces in
both vertical and horizontal planes. This allows for a more comprehensive anal-
ysis of aerodynamic forces.

Through finite element analysis (FEA), significant strain concentrations were
observed around the cutouts, confirming that the new design effectively ampli-
fies strain where the gauges are placed. Various geometries were experimented
with, and using two spherical cutouts with a 6 mm radius spaced 16 mm apart
provided a good balance between concentrating strain and maintaining struc-
tural strength under the applied loads. The detailed engineering drawing can
be found in Figure 243.

The FEA results indicated that the strain at the half-bridge locations ranged
between 0.00171 and 0.00214 when subjected to combined axial and orthogonal
forces. This amount of strain is sufficient to produce a measurable change
in resistance in the strain gauges, enabling accurate detection of the applied
forces [129]. The mesh convergence study supported the reliability of these
FEA results, with strain values stabilizing around 0.00193.

The new design successfully withstands the specified forces—2000 N in the axial
direction, 500 N in the orthogonal direction, and a 100 N·m moment force in
the Z-axis—without compromising structural integrity. By carefully placing the
strain gauges and utilizing both half-bridge and full-bridge circuits [124], accu-
rate measurement of bending and torsional strains is achieved, which enhances
the precision and reliability of the force balance apparatus.

5.5.7 Future Work

The next step involves 3D printing the redesigned vertical section using one of
the listed materials, specifically the SLA resin for testing. The printed model
will be tested to ensure that the design functions as intended before proceeding
to manufacture with the final material.

After printing, experimental tests will be conducted to compare actual strain
measurements with the FEA predictions and analytical calculations. By apply-
ing controlled loads to the apparatus and measuring the resulting strains, the
accuracy and reliability of the design in real-world conditions will be verified.

Calibrating the strain gauge circuits will be an essential step to translate the
electrical outputs into precise force measurements [124]. Calibration procedures
will be developed, and accurate calibration curves will be established to improve
the measurement precision of the apparatus.

A data acquisition system will be developed for real-time monitoring and record-
ing of strain data. Software tools will process this data, converting strain mea-
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surements into force vectors and providing visualizations of the aerodynamic
forces during wind tunnel tests.

5.5.8 Conclusion

The vertical section of the force balance apparatus was redesigned to overcome
the limitations of single-axis measurements and temperature effects. The next
step is to print and test the design to confirm its effectiveness. Through iterative
design and finite element analysis, a new geometry that concentrates strain at
the gauge locations while keeping the structure strong under significant loads
was designed.

By implementing multiple strain gauges and utilizing both half-bridge and full-
bridge circuits, torsional strains and moments can now be accurately measured.
The use of Wheatstone bridges minimizes the effects of temperature—a major
source of error—thereby enhancing the overall accuracy of aerodynamic force
measurements.

Successfully testing these elements will be a significant step forward in designing
the force balance apparatus. Code will be written to reduce temperature-related
errors, help us validate aircraft designs, and deepen our understanding of flight
characteristics during wind tunnel testing.
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5.6 Plane Body Test Section Design - Ryan Heywood

Peer Reviewed by: Nevan Bulitka

The newly proposed design choices of transitioning to a lifting body and in-
tegrating Schlieren imaging introduce significant design challenges for the vehi-
cle’s test section. These considerations necessitate a revised test section design
that can support the Schlieren system setup without causing major concerns in
other aspects of the vehicle design. The following subsection will elaborate on
the proposed design solution for these new considerations.

5.6.1 Introduction

This subsection aims to establish a foundational understanding of flow dynamics
within a planar test section, essential for effectively integrating a double-pass
Schlieren imaging system into the design. In order to achieve an accurate vi-
sualization of the flow around a test subject using a Schlieren imaging system,
it is crucial that the surrounding flow environment is relatively uniform. Since
the basis of Schlieren imaging relies on changes in density to refract the light to
obtain a useful image, the following analysis will focus on determining a suitable
zone within the proposed test section with constant density. It should also be
noted that the desired testing environment must have similar properties to that
of the outside environment at the target altitude and Mach number of 70, 000ft
and 3.0 respectively. The analytical results will be compared with the Compu-
tational Fluid Dynamics (CFD) results from ANSYS Fluent to verify the design
methodology and determine a suitable length along the test section for Schlieren
integration.

Subsequent subsections detail the methodology, outlining the problem scope,
modelling techniques, analytical and computational approaches, and validation
methods. This is followed by the results section, presenting key findings, and
the discussion, which explores the implications, limitations, and potential ap-
plications of the findings.

5.6.2 Methodology

The geometry of the proposed test section, shown below in Figure 244, consists of
an opposed-wedge inlet that transitions to a flat, parallel-plate channel. For the
flow analysis, a wedge angle of θw = 10◦ and a test section thickness of tw = 5cm
was chosen. The initial internal test section height was set at htest = 30cm, while
the length of the test section was arbitrarily chosen as ltest = 2.6m to ensure
a desirable zone occurs within the test section. This geometry was selected
not only for its symmetrical characteristics but also because the convex shape
after the inlet will generate Prandtl-Meyer expansion fans, which will help re-
accelerate the flow to conditions similar to the external environment.
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Figure 244: Proposed Planar Test Section Geometry in [m]

Before analyzing the flow through the test section, the initial flow parameters
must be defined. Firstly, the flow in the test section is assumed to be inviscid and
compressible, and boundary layer effects are assumed to be minimal up to the
desired flow zone [130]. Additionally, the symmetrical geometry allows for the
regular reflection of oblique shocks along the plane of symmetry to be analyzed
similarly to reflections off of a solid boundary. To more clearly distinguish
the different flow regions, the test section was divided into six zones, depicted
in Figure 245 below, with orange lines representing shock waves, green lines
representing Prandtl-Meyer expansion fans, and light blue arrows indicating
flow direction.

Figure 245: Analyzed Flow Zones in Proposed Test Section

As illustrated above, uniform flow should occur in zones 2 and 5. However, it
is important to consider the thickness of the transition region between zones,
as this will most likely not provide adequate space for Schlieren techniques to
yield relevant results in zone 2. Additionally, the Mach number in zone 2 will
be drastically reduced, as the flow has not been re-accelerated. Moreover, any
flow after zone 5 is expected to have conditions that greatly deviate from the
target conditions. Therefore, the conditions in zone 5 are expected to be the
most desirable.

Throughout the test section, the flow interacts with weak oblique shock
waves and Prandtl-Meyer expansion fans. The equations governing the flow
properties across oblique shocks are derived from the conservation of mass,
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energy, and momentum as shown in Equations 233-236 below [131].

Mach number (M) relation:

M1 =

√
(γ − 1)M2

0 sin2(β1) + 2

sin2(β1 − θw)
[
2γM2

0 sin2(β1)− (γ − 1)
] (233)

Static pressure (p) relation:

p1 = p0

(
2γM2

0 sin2(β1)− (γ − 1)

γ + 1

)
(234)

Temperature (T ) relation:

T1 = T0

([
2γM2

0 sin2(β1)− (γ − 1)
] [

(γ − 1)M2
0 sin2(β1) + 2

]
(γ + 1)2M2

0 sin2(β1)

)
(235)

Density (ρ) relation:

ρ1 = ρ0

(
(γ + 1)M2

0 sin2(β1)

(γ − 1)M2
0 sin2(β1) + 2

)
(236)

Where γ is the ratio of specific heats and is a constant value of 1.4, and β
is the weak shock angle in [Rad], and can be determined iteratively from the
θ − β − Mach relation shown in Equation 237 below. The units for static
pressure, temperature, and density are [Pa], [K], and [kg/m3] respectively.

tan(θw) =
2 cot(β)

(
M2 sin2(β)− 1

)
M2(γ + cos(2β)) + 2

(237)

The value of β was determined using MATLAB1 [133].

Next, the equations that govern the flow properties across the Prandtl-
Meyer expansion fans are shown below in Equations 238-239 [134].

Prandtl-Meyer Angle (ν):

ν(M0) =

√
γ + 1

γ − 1
· arctan

(√
γ − 1

γ + 1
· (M2

0 − 1)

)
− arctan

(√
M2

0 − 1

)
(238)

Where ν(M0) is the Prandtl-Meyer angle, in [Rad], for the first Mach region,
and the second angle, in [Rad], is defined as:

ν(M1) = ν(M0) + ∆ν (239)

1See MATLAB Central File Exchange [132].
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Where ∆ν is based on the geometric change in the flow, and in this case is
equivalent to θw in [Rad]. Once the second angle is obtained, the downstream
Mach number can then be determined using the Prandtl-Meyer Mach Table by
first converting to degrees and performing linear interpolation where required.2

Additionally, the stagnation pressures and temperatures of each zone can
be computed using Equations 240 and 241 below.

P00 = P01

(
1 +

γ − 1

2
M2

1

) γ
γ−1

(240)

T00 = T01

(
1 +

γ − 1

2
M2

1

)
(241)

Since the conditions in the test section at zone 5 are expected to change with
respect to the initial conditions, the pressure drag of a diamond airfoil will also
be evaluated such that the drag forces can be compared. A diamond airfoil
with a chord length and half-wedge angle of c = 10cm and δw = 10◦, shown
below in Figure 246, was selected for analysis.

Figure 246: Dimensions of Diamond Airfoil in [mm]

The pressure drag of the diamond airfoil was calculated using Equation 242
below, derived from the airfoil shock expansion techniques [135].

Dp = c(p1 − p2)sin(δw) (242)

Where c is the chord length in [m], δw is the half-wedge angle in [deg], and p1
and p2 are the static pressures in [Pa] after the oblique shock and expansion
fans respectively. These pressures can be obtained using the same process

2See Appendix B
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defined for the test section analysis above.

The test section geometry in Figure 245 was constructed in ANSYS De-
sign Modeler with the mesh metrics shown in Table 53 below.

Table 53: Mesh Metrics of CFD Model

Metric Value
Element Size (m) 0.01
Element Quality (Avg.) 0.989
Aspect Ratio (Avg.) 1.15
Skewness (Avg.) 5.68× 10−3

Orthogonal Quality (Avg.) 0.999

For the Fluent simulation, the energy model was turned on, and the SST k-
omega viscosity model was used. This is not expected to significantly affect the
simulation results at the desired flow zone. However, the result will be more
accurate than the analytical solution and should yield a marginally lower Mach
number than predicted. The fluid properties of air as an ideal gas were used,
with the viscosity following the Sutherland model. The model for the diamond
airfoil analysis uses identical simulation parameters, however, a finer mesh with
an element size of 0.0025m and a thinner test section thickness of tw = 2.5cm
was used. The thinner test section aims to reduce the thickness of the shock
and expansion waves, allowing for a larger area within the test section to place
the airfoil without interference.

5.6.3 Results

By employing Equations 233-236 from zones 0-1, 1-2, and 3-4, and Equa-
tions 238-239, from zones 1-3 and 4-5, the flow conditions for all zones can be
calculated. Table 54 below compares the initial parameters, and the analytical
and CFD results, with their associated percent errors.

Table 54: Comparison of Initial Conditions (Z0) and Zone 5 Conditions from
Analytical and CFD Methods

Parameter
Initial

Conditions
(Z0)

Zone 5
Conditions
(Analytical)

Zone 5
Conditions

(CFD)

% Difference
(Z5: CFD vs.
Analytical)

% Difference
(Z0 vs. Z5
Analytical)

% Difference
(Z0 vs. Z5

CFD)
Static Pressure [Pa] 4488 4512 4813 6.7% 0.5% 7.2%
Stagnation Pressure [Pa] 164856 152947 157281 2.8% 7.2% 4.6%
Static Temperature [K] 218 223 226 1.4% 2.3% 3.7%
Stagnation Temperature [K] 610 610 612 0.3% 0.0% 0.3%
Density [kg/m3] 0.0716 0.0704 0.0741 5.3% 1.7% 3.5%
Mach Number 3.00 2.95 2.92 0.8% 1.8% 2.6%

The results shown above indicate a high degree of accuracy between the analyt-
ical and CFD calculations, and validates the developed methodology. Further-
more, it is shown that the flow characteristics between zones 0 and 5 are also
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very comparable, with the largest difference being the analytically calculated
stagnation pressure yielding a percent difference of only 7.2%. The resulting
density contour shown in Figure 247 below further illustrates that zone 5 has
the potential to be an ideal position for Schlieren integration. To aid in visual-
ization, the flow vectors have been overlaid, with red arrows representing Mach
3 flow, and yellow arrows indicating a reduced Mach flow.

Figure 247: Analyzed Flow Zones with Density Contour and Flow Vectors in
Proposed Test Section

Furthermore, by employing Equation 242 in both zones 0 and 5, the resulting
pressure drag can be determined. Table 55 below compares the analytical and
CFD pressure drags in zones 0 and 5.

Table 55: Comparison of Analytical and CFD Pressure Drag with Percentage
Differences

Zone
Analytical

Pressure Drag (N)
CFD

Pressure Drag (N)
% Difference

0 126.2 125.0 1%
5 124.6 130.8 5%

% Difference 1% 5% -

The pressure drags calculated above comparing zones 0 and 5 are in excellent
agreement, with the analytical and CFD results varying by 1% and 5% re-
spectively. Moreover, the CFD determined pressure drags are also in excellent
agreement with the analytical values for each respective zone. The flow over the
airfoil at each zone is depicted in Figure 248 below.
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Figure 248: Density Contour of Flow Over Diamond Airfoil of Chord Length
0.1m in Zones 0 [Top] and 5 [Bottom]

In order to achieve meaningful results, the airfoil must be positioned before
the converging shocks and the end of each zone, therefore, the position of the
airfoil in zones 0 and 5 are 0.1m and 0.75m from the edge of the inlet respectively.

To obtain a comprehensive understanding of the difference in airfoil placement,
it is important to compare the flow characteristics around the airfoil in
both placements. Table 56 below compares the analytically computed flow
characteristics for the airfoil in both zones.
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Table 56: Comparison of Aerodynamic Parameters Between Zone 0 and Zone 5
Airfoils

2*Parameter Zone 0 Airfoil Zone 5 Airfoil % Difference

Front
Face

Rear Face
Front
Face

Rear Face
Front
Face

Rear Face

Static Pressure [Pa] 9220 1953 9155 1980 1% 1%

Stagnation Pressure
[Pa]

158771 158771 149504 148431 6% 7%

Static Temperature
[K]

271 174 276 178 2% 2%

Stagnation
Temperature [K]

610 610 611 611 0% 0%

Density [kg/m3] 0.118 0.0391 0.115 0.0387 3% 1%

Mach Number 2.51 3.55 2.476 3.49 2% 2%

All flow characteristics in Table 56 above are in excellent agreement. Once
again, this strongly supports the robustness of the executed methodology.

5.6.4 Discussion and Future Recommendations

The density contours shown above enable a clearer visualization of the thickness
of the transition regions between each zone, and more specifically, the fact that
it is dependent on the area of the inclined face of the wedge inlet. Knowing
this, it is beneficial to discuss the effects that minimizing this area has on
both the size and flow quality of zone 5, and the size of the model that can be
imaged within.

A similar model with nearly identical properties was constructed but
with a wedge thickness of 1 cm. Figure 249 below shows the effect that
decreasing the wedge thickness has on the size of zone 5.

Figure 249: Analyzed Flow Zones with Density Contour in Test Section with
1cm Wedge Thickness

It is important to note that while the colour profile varies from the density
contour in Figure 247, the density in zone 5 remains consistent with the inlet
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density. The changes in Mach number and density along the center streamline
were plotted for both geometries, as shown in Figures 250 and 251 below.

Figure 250: Mach Number Profile Along the Streamline of the 1cm and 5cm
Wedge Geometries

Figure 251: Density Profile Along the Streamline of the 1cm and 5cm Wedge
Geometries
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The result of decreasing the wedge thickness is a significant increase in the size
of zone 5. Additionally, the feasibility of integrating Schlieren imaging into the
test section of this geometry is also more plausible.

Nevertheless, since the position of the test section itself has not yet been
determined, it is possible that many of the assumptions made for this analysis
will no longer hold true. For example, if the test section is not the leading
edge of the body, the incoming flow will have varying flow characteristics, and
potentially varying angle of attack (AOA). Therefore, the placement of the
test section on the body of the vehicle must be determined before advancing
the analysis and determining the model placement for Schlieren integration.
Thus, going forward, it will be beneficial to examine the changes in the flow
characteristics of zone 5 with varying inlet Mach numbers. Additionally,
expanding to a 3D analysis will be crucial in determining how the flow in zone
5 will affect the quality of the Schlieren imaging.

5.6.5 Conclusion

In conclusion, the analysis conducted in this subsection has demonstrated that
the proposed planar test section can provide a suitable environment for Schlieren
visualization of flow phenomena. By methodically designing the geometry with
an opposed-wedge inlet and parallel-plate channel, it was shown that a uni-
form flow in specific zones within the test section were generated. Moreover,
a comprehensive analysis of a diamond airfoil within these zones of uniform,
similar flow further demonstrated the aerodynamical similarities between them.
The analytical approach, validated against CFD results from ANSYS Fluent,
highlighted the consistent flow conditions in zone 5, indicating that it is the
most viable region for Schlieren imaging integration. The minimal discrepan-
cies between the analytical and CFD results, as shown in the comparison of
parameters, confirm the robustness of the design and methodology. Overall,
this study establishes a solid foundation for future experimental studies in high-
speed flow visualization using Schlieren techniques, which will allow for precise
observations of flow dynamics around test subjects under conditions closely re-
sembling those at the target altitude and Mach number. Ultimately, viability of
this method, and position of the Schlieren system is dependent on the placement
of the test section on the vehicle.

307



5.7 External Test Section - Sebastien Grondin

Peer Reviewed by: Chaanasya Gowda

An external test section design was selected for the plane due to the increased
stability and size of a plane body. The advantage of an external test section
is that it has the potential to avoid oblique shocks caused by the leading edge
of the plane with its more open-concept design. The pylon design could also
be applied to a wind tunnel design. In any case, the external test section
will be supported by an extension arm/pylon mounted underneath the plane.
The dimensions of the pylon will be determined using simplified analysis and
engineering judgment. A few problems must be addressed to obtain the size
and location of the extension arm. In the theory section, the boundary layer
thickness will determine the minimum distance of the pylon. The viability of
avoiding the shock caused by the nose of the plane will be determined as well as
an approximation of the stresses experienced by the pylon. Once these values
were obtained, a CAD of the extension arm, which integrates the force balance
apparatus and load cell, was modelled.

5.7.1 Theory

The theory section aims to obtain a boundary for the height of the extension
arm. The lower bound will be determined by the boundary layer thickness at
the underside of the plane body. The upper bound is set by the minimum
height among the leading shock or the vertical displacement of the landing
gears. Additionally, the stresses induced by the drag will be estimated with
simple geometry assumptions. The calculations for all equations in the theory
can be found in Section 5.7.4

5.7.1.1 Boundary Layer Thickness

The lower bound of the height for the pylon will be determined in this section.
This is due to the effects on speed from the boundary layer under the plane
body. As the flow approaches a surface, its velocity tends towards what is
known as the “no-slip condition”. At the no-slip condition, the flow will attain
zero bulk velocity relative to the plane. Therefore, the test section must extend
past the boundary layer thickness to experience a true velocity of Mach 3. In
the previous year’s findings, the boundary layer thickness was 8.71 mm [136].
However, this value was obtained for an internal test section using CFD. The
length 2.375 m (L), provided by the aircraft design team, is the distance where
the wings meet for the most stable point with respect to the nose. Additionally,
using atmospheric flight conditions for density (ρ), velocity (u), and viscosity (µ)
from last year’s report, the Reynolds number was calculated to be approximately
10.5 · 106 using Equation 243:
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Re =
ρuL

µ
(243)

The underside of the aircraft is flat and therefore, flat plate analysis can be used
for boundary layer calculations. A Reynolds number that is above 500 000 on a
flat plate is considered turbulent [137]. With this information, we can calculate
the boundary layer (δ) thickness of a flat plate experiencing turbulent flow at x
= L:

δ =
0.38x
5
√
Re

[138] (244)

The boundary layer thickness over a flat plate travelling at a speed of Mach 3
at an altitude of 70 000 ft was calculated to be 3.6 cm using Equation 244. This
will set a lower boundary on the height of the pylon. If the test section was
placed anywhere less than 3.6 cm, the flow’s velocity would decrease below Mach
3. The analysis for the boundary layer thickness does not take into account the
gravitational pull because of its negligible effects compared to the dominant
high-speed flow. This effect may increase the boundary layer thickness and thus
the lower bound of the pylon shall be set at 5 cm based on engineering judgment
until more accurate analysis can gauge a better estimate.

5.7.1.2 Leading Shock Effects

A problem with the extension arm design is that the leading edge of the plane
will cause an oblique shock wave. This shock will cause a reduction in velocity
as well as an increase in pressure and temperature. These changes in the flow
properties will deviate from the readings otherwise found if we could avoid the
shock wave. In this section, the viability of placing the test section below the
shock is determined by using the theory for oblique shock angles. An estimated
nose cone angle of 25°, determined by the plane body airframe team, will be
used. Assuming a perfect wedge as the leading edge of the plane, we can use
Figure 252 to determine the wave angle.
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Figure 252: Deflection angle vs. wave angle for various Mach numbers [137]

Using Figure 252 at Mach 3 with a nose cone angle (θ) of 25°, the oblique shock
wave angle (β) is approximately 42°. “L” is the distance of the test section which
was determined earlier to be 2.375 m. With these values, we can determine how
far the pylon should extend to avoid the shock. We can calculate the required
pylon height (H) to avoid the shock wave by using the wave angle (β) and the
distance from the nose cone (L).

H = L tanβ (245)
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Figure 253: Extension of the pylon to avoid an oblique shock

Using Equation 245, “H” results in a value of 2.14 m. A large extension distance
such as this could induce instability of the aircraft and is concluded to not be a
viable option. This idea would require a novel system for the landing gears as
the test section would be extending 2.14 m downwards. Furthermore, moving
the test section closer to the nose cone would succeed in reducing the height
requirement to avoid the leading shock. Consequently, there may be a point
where the aircraft could experience adverse stability effects. The two main ways
that the test section can successfully avoid the leading shock are by reducing
the nose cone angle, incidentally lowering the wave angle, and placing the test
section closer to the nose cone. It can be concluded that avoiding the leading
edge’s shock is inconclusive until further aircraft stability analysis is performed.

5.7.1.3 Bending Stress Analysis

In this section, an approximate maximum bending stress of the pylon will be
determined. To obtain this value, we must make the geometrical assumption
that the pylon will be modelled as a solid cylinder with a diameter of 100 mm
and a length of 145 mm. The dimensions of the hypothetical cylinder come
from the actual horizontal and vertical height of the pylon. This assumption is
illustrated in Figure 254 below.
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Figure 254: Rendering of the vertical cylinder assumption for analysis of the
pylon (upscaled)

Firstly, the drag coefficient of the cylinder must be determined in order to cal-
culate the drag force. Another assumption for this analysis is that the cylinder
is perfectly smooth. We can now determine that the drag coefficient (Cd) is
approximately 0.5 using Figure 255 below using the Reynolds number found
earlier.

Figure 255: Drag coefficient of a cylinder and sphere at varying Reynolds num-
bers [137]

By inputting density (ρ) and velocity (v) for the flight conditions at Mach 3
into Equation 246, the drag force (Fd) experienced by the hypothetical cylinder
with an area of A was calculated to be 206.4 N.

Fd =
1

2
ρv2CdA (246)
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The drag force is, according to NASA, applied at the center of pressure [139].
For this analysis, we will approximate the center of pressure to be at the halfway
point of the cylinder. Using Equation 247, the maximum torque (Mmax) on the
modelled cylinder of height H is 14.96N ·m.

Mmax = Fd ·
H

2
(247)

With Equation 248, the maximum torque (Mmax), distance from the neutral
axis (NA, defined as half of the diameter, D), and the moment of inertia (I) of
the cylinder allows us to obtain the maximum bending stress (σb).

σb =
Mmax · NA

I
=

Mmax · D
2

π D4

64

(248)

The resulting maximum bending stress (σb) is 152.4 kPa for the cylinder caused
by the drag and can be compared to the yield strength of aluminum 6061-T6
(276 MPa) [140], a material used for many structural components in last year’s
design. This highlights a large margin of safety ensuring that the design meets
the structural requirement.

5.7.2 External Test Section Design

The external test section’s CAD was created with a predetermined boundary
of the actual test section height (5 cm < H < 24 cm) in mind. The lower
bound was set from the boundary layer thickness. The upper bound was chosen
based on the vertical displacement of 240 mm from last year’s report [136]. The
test section shall be closer to the upper bound to allow for more flexibility for
a Schlieren system. However, a compact Schlieren system has not yet been
designed to be integrated into the plane. This is why an extension distance of
145 mm was used in the test section design. The thickness, t, of the pylon (100
mm) is set to be larger than the horizontal width of the force balance apparatus
(60 mm) with extra space for screws.
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Figure 256: CAD of the external test section pylon

In Figure 256, the test section is the leading edge of the pylon and the rest of
the force balance apparatus has been integrated inside a casing behind it. Arms
have been added along with a cylinder, all fastened by alloy steel socket head
screws, for structural integrity. This design will be fastened to the underside of
the aircraft with 5 top screws onto the airframe. The setup for the aircraft with
an implementation of an external test section can be visualized below in Figure
257.

Figure 257: Conceptual attachment of the external test section pylon (upscaled)

The geometry of the current pylon is not designed to be aerodynamic and will,
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in future iterations, resemble traditional supersonic pylons as seen in Figure
258.

Figure 258: AGM-88 HARM attached to a supersonic pylon [141]

5.7.3 Future Work

A high-priority task is to work with the aircraft design team to determine the
instability caused by placing the test section closer to the nose cone. The goal
of this task is to avoid the leading oblique shock from the nose cone while not
having to resort to increasing the pylon height. In the bending stress analysis,
the effects of the shock wave deflecting onto the pylon from the test specimen
was not examined. This analysis would have to be performed for a range of
test specimen leading edge angles from 0°to 90°. This is likely to require CFD
analysis due to the complexity of shock waves. The CFD analysis will also give
a more accurate “Cd” and center of pressure values. Another future task is the
inclusion of an aerodynamic guard to cover the holding mechanism and divert
the flow after the load cell. In addition, strain gauges will be integrated into
the apparatus which will require channels to allow the wires to connect to the
plane body.
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5.7.4 Sample Calculations

v =
µ

ρ
=

1.44 · 10−5Pa · s
0.0722 kg

m3
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2
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√
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Figure 259: Assembly drawing of the pylon
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5.8 Test Section Subteam Recap

This semester marked significant progress in research and design efforts. A
tabletop Schlieren system was developed and prepared for manufacturing, with
next semester focused on assembling the stands and breadboard. Planned exper-
iments include comparing single and double-pass Schlieren systems, exploring
the use of color filters to generate gradients, and testing various glass types for
integration into a rocket. Addressing challenges in the rocket’s test section led
to critical design improvements. The test specimen was repositioned ahead of
oblique shocks to avoid flow disruptions, and a refined lip geometry with a 1.5
mm radius on the leading edge enabled an 18 cm unobstructed axial distance.
This redesign increased the effective test section length by 50% compared to
prior configurations, accommodating larger specimens without choking the flow.
The force balance apparatus was redesigned to overcome limitations in single-
axis measurements and temperature effects. A new geometry was developed
through iterative design and finite element analysis, focusing strain at gauge lo-
cations while maintaining structural integrity. Enhanced accuracy was achieved
using ‘Wheatstone bridges to minimize temperature-induced errors, enabling
precise aerodynamic force measurements. Future steps include testing the ap-
paratus and writing code to validate aircraft designs and improve wind tunnel
testing accuracy. Analysis of the planar test section confirmed its suitability
for Schlieren visualization. A uniform flow zone was achieved through a well-
designed opposed-wedge inlet and parallel-plate channel. Validation against
CFD results demonstrated consistent flow conditions, particularly in zone 5,
identified as ideal for Schlieren imaging. This establishes a foundation for fu-
ture high-speed flow visualization experiments, enabling precise observations
of flow dynamics around test subjects under realistic flight conditions. Key
considerations for the external test section design included ensuring accurate
velocity readings at Mach 3. While maintaining pylon stability was a challenge
due to boundary layer and oblique shock interactions, calculations confirmed
the structural reliability of the aluminum 6061-T6 pylon. Future efforts will
optimize stability, refine shock wave interactions through CFD, and enhance
the aerodynamic profile for improved performance.
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6 Conclusion

There has been considerable design work completed by the RPWT team in the
Fall 2024 term. Each of the four sub-teams - Ascent System Design, Airframe
Design, Propulsion & Control Systems Design, and Test Section Design - de-
veloped their respective designs to align with the mission of the launch vehicle.
In particular, the adoption of a plane-body and Schlieren imaging system were
considered. The supersonic flow achieved in the test section will allow for aero-
dynamic testing and imaging for longer durations than currently available on
the ground.

For the upcoming Winter 2025 term, the integration of the design work com-
pleted this term will be a priority. Specifically, the preliminary design and
location of the test section will aim to be completed by the end of January,
so the control surfaces and systems can be designed and tuned accordingly. In
addition, a go/no-go decision on the adoption of the plane-body will be made
by the end of January. This decision will consider the aerodynamic benefits of
the plane-body, as well as the flexibility in test section design the plane-body
configuration offers.

Despite difficulties faced by the team regarding initial direction and progress,
there is a lot of pride held by the team in the work done this semester. The team
worked hard to come up with tasks that would improve the design of the launch
vehicle, and those results are showcased in this report. The team is excited for
the road ahead and future design work.
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A Autopilot Appendix

Table 57: Explanation of Non-Dimensional Variables in Stability Derivatives

Variable Representation Obtained From
CDM/α

Change in drag coefficient with respect to Mach number and angle of attack Experimental data (wind tunnel tests) or CFD simulations

CLM/α
Change in lift coefficient with respect to Mach number and angle of attack Experimental data (wind tunnel tests) or CFD simulations

CmM/α
Change in pitching moment coefficient with respect to Mach number and angle of attack Experimental data (wind tunnel tests) or CFD simulations

CD0
Zero-lift drag coefficient Wind tunnel tests or CFD simulations at zero angle of attack

CL0
Lift coefficient at zero angle of attack Wind tunnel tests or CFD simulations at zero angle of attack

Cm0 Pitching moment coefficient at zero angle of attack Wind tunnel tests or CFD simulations at zero angle of attack
u0 Reference or free-stream velocity Predefined in design specifications or measured during flight tests or simulations

Table 58: Explanation of Non-Dimensional Variables in Controller
Effectiveness

Variable Representation Obtained From
CZδf

Change in the aerodynamic force along the vertical axis with respect to fin deflection (δf ) Derived from the lift coefficient changes due to fin deflection, CLδf

Mδf Change in the pitching moment with respect to fin deflection (δf ) Derived from the moment coefficient changes due to fin deflection

Cm∆f

(
θ̄
)

Coefficient of the pitching moment due to fin deflection at a given mean aerodynamic chord Derived from tail efficiency η, tail arm length lt, mean aerodynamic chord c̄, horizontal tail volume VH , and tail lift curve slope at

CZ∆f
Coefficient of the aerodynamic force along the vertical axis due to fin deflection Negative of the lift coefficient changes due to fin deflection, CL∆f

(
θ̄
)

lt Tail arm length Distance from the aerodynamic center of the wing to the aerodynamic center of the horizontal tail

VH Horizontal tail volume coefficient Stlt
Sc̄ , where St is the area of the horizontal tail, lt is the tail arm length, S is the wing area, and c̄ is the mean aerodynamic chord

Longitudinal Dimensional Stability Derivatives
Defined in terms of non-dimensional aerodynamic coefficient derivatives, the
equations are unpacked for the reader to understand the parameters considered
in the stability derivatives.

• Aerodynamic Derivatives:
The dimensionless derivative are related to the aerodynamic derivatives.
The axial and normal force coefficients are expressed in terms of the lift
and drag coefficients, and AOA with respect to to the body axis. The
AOA is the angle between the instantaneous vehicle velocity vector and
the x-axis, and assumed that the propulsive thrust is aligned with the
x-axis. Thus, the axial and normal force coefficients are:

CX = CT − CD cosα+ CL sinα ≈ CT − CD + CLα
CZ = −CD sinα− CL cosα ≈ −CDα− CL

(249)

Thrust coefficient is defined as:

CT ≡ T

QS
(250)

Where T is the net propulsive thrust, assumed to be aligned with the
x-axis of the body reference frame.

• Speed Derivatives:
Derivatives with respect to u. Speed damping represented in derivative
below:

CXu
= CTu

− CDu
(251)

The contribution of compressibility effects are defined below:

CDu =M
∂CD

∂M
(252)
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The contribution of the derivative of the coefficient of thrust is defined as:

CTu
=

∂

∂(u/u0)

(
T

QS

)
= −2CT0

(253)

The equilibrium thrust coefficient is define as:

CT0 = CD0 + CL0 tan θ0 (254)

Which gives:

CXu = −2CD0 − 2CL0 tanΘ0 −MCDM (255)

Substituting into nondimensional stability derivative gives:

Xu = − QS

mu0
[2CD0 +MCDM ] (256)

The derivative of the normal force coefficient CZ with respect to the vehicle
speed u is defined below:

CZu
= −CLu

(257)

Ignoring the dependence of aeroelastic effects on lift coefficient on speed
only considering compressibility effects:

CDu =M
∂CL

∂M
(258)

Where M is the flight Mach number. The Prandtl-Glauert similarity law
for supersonic flow is:

CL =
CL|M=0√
1−M2

(259)

Which shows:
∂CL

∂M
=

M

1−M2
CL0 (260)

Where:

CZu = − M2

1−M2
CL0 (261)

The dimensional stability derivative is defined as:

Zu = − QS

mu0

[
2CL0 +

M2

1−M2
CL0

]
(262)

The pitching moment coefficient with speed u is generally depends on
aeroelastic deformation (ignored) and as shown below:

Cmu
=M

∂Cm

∂M
(263)

Thus:

Mu =
QSc̄

Iyu0
MCmM

(264)
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• Angle-of-Attack Derivatives: The derivatives with respect to vertical
velocity w are expressed in terms of derivatives with respect to angle of
attack α:

CX = CT − CD + CLα (265)

Where:
CXα = CTα − CDα + CLαα+ CL = −CDα + CL0 (266)

Since propulsive thrust is independent of the AOA (CTα
= 0). Using the

parabolic approximation for the drag polar:

CD = CDp +
C2

L

πeAR
(267)

And:

CDα =
2CL

πeAR
CLα (268)

And:

Xw =
QS

mu0

(
CL0

− 2CL0

πeAR
CLα

)
(269)

Similarly, the z-force coefficient is defined as:

CZ = −CDα− CL (270)

Where:
CZα = −CD0 − CLα (271)

So:

Zw = − QS

mu0
(CD0 + CLα) (272)

Thus, the dimensional derivative of pitching moment with respect to ver-
tical velocity w is given by:

Mw =
QSc̄

Iyu0
Cmα (273)

• Pitch-rate Derivative:
The principal contribution to pitch damping is from the horizontal tail
defined by:

Cmq
= −2(0.8− 1.1)η

lt
c̄
VHat (274)

Also:
CLq = 2ηVHat (275)

So:
CZq = −CLq = −2ηVHat (276)

The value for Cmq is multiplied by a factor of 0.8-1.1 to account for
contributions of other components such as the wings.

The derivative CXq
is usually assumed to be negligibly small.
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B Additional Materials

B.1 MATLAB Code

The following code was used to determine β, with n = 0 specified for the weak
oblique shock:

% This function returns the oblique shock wave angle (beta) for a

given

% deflection angle (theta) in degrees and ratio of specific heats (

gamma).

% and Mach number M. Specify 0 for the weak oblique shock

% or 1 for the strong shock.

%

% Syntax:

% beta(M,theta ,gamma ,n) where n specifies weak or strong shock

returned

%

% NOTE: Angles supplied and returned from this function are in

DEGREES.

%

% Based on an analytical solution to the theta -beta -Mach relation

given in

% the following reference: Rudd , L., and Lewis , M. J., "Comparison

of

% Shock Calculation Methods", AIAA Journal of Aircraft , Vol. 35, No

. 4,

% July -August , 1998, pp. 647 -649.

%

% By Chris Plumley , undergraduate , University of Maryland.

clc;

clear;

clear all;

function Beta=beta(M,theta ,gamma ,n)

theta=theta*pi/180; % convert to radians

mu=asin (1/M); % Mach wave angle

c=tan(mu)^2;

a=((gamma -1) /2+( gamma +1)*c/2)*tan(theta);

b=(( gamma +1) /2+( gamma +3)*c/2)*tan(theta);

d=sqrt (4*(1 -3*a*b)^3/((27*a^2*c+9*a*b-2)^2) -1);

Beta=atan((b+9*a*c)/(2*(1 -3*a*b))-(d*(27*a^2*c+9*a*b-2))/(6*a*(1-3*

a*b))*tan(n*pi /3+1/3* atan (1/d)))*180/ pi;

end
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B.2 Prandtl-Meyer Mach Table

Table A.1: Values of M , ν, and µ

M ν (deg) µ (deg)
2.00 26.38 30.00
2.02 26.93 29.67
2.04 27.48 29.35
2.06 28.02 29.04
2.08 28.56 28.74
2.10 29.10 28.44
2.12 29.63 28.14
2.14 30.16 27.86
2.16 30.69 27.58
2.18 31.21 27.30
2.20 31.73 27.04
2.22 32.25 26.77
2.24 32.76 26.51
2.26 33.27 26.26
2.28 33.78 26.01
2.30 34.28 25.77
2.32 34.78 25.53
2.34 35.28 25.30
2.36 35.77 25.07
2.38 36.26 24.85
2.40 36.75 24.62
2.42 37.23 24.41
2.44 37.71 24.19
2.46 38.18 23.99
2.48 38.66 23.78

M ν (deg) µ (deg)
2.50 39.12 23.58
2.52 39.59 23.38
2.54 40.05 23.19
2.56 40.51 22.99
2.58 40.96 22.81
2.60 41.41 22.62
2.62 41.86 22.44
2.64 42.31 22.26
2.66 42.75 22.08
2.68 43.19 21.91
2.70 43.62 21.74
2.72 44.05 21.57
2.74 44.48 21.41
2.76 44.91 21.24
2.78 45.33 21.08
2.80 45.75 20.92
2.82 46.16 20.77
2.84 46.57 20.62
2.86 46.98 20.47
2.88 47.39 20.32
2.90 47.79 20.17
2.92 48.19 20.03
2.94 48.59 19.89
2.96 48.98 19.75
2.98 49.37 19.61
3.00 49.76 19.47
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